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L Two — Body Problem: Relative forces acting on a spacecraft (orbiting body), geometry of orbits
around the main body.

O Kepler’s Equation: Relation between position at different instants and time intervals spanned by
the motion.

L Orbital Elements: Definition of reference systems; relationship between orbital elements and
position and velocity vectors in space (Ephemerides).

= z=Inclination of the orbit

" 2:Eizmsrffgfggri‘;f;jge”d‘”g node O Lagrange Coefficients: Determination of position

. Z::;;L:rliacji(:\; :‘(i:h(:ro semilatus rectum) and velocity at some specific time, from position

= f=True anomaly (or time to periapsis) and velocity at a given time (along the same orbit).

. . What Made Apollo a Success?
O Time and Distance:

Measurement of time and
distance computation.

1. Aclear and compelling goal that comes from the top
2. Sufficient resources to accomplish it
3. A systems approach to managing complexity

4. The optimum solution could win
https://www.youtube.com/wat

ch?v=B1J2RMorJXM&t=3641s

5. Reduce risk by designing for simplicity and redundancy

6. Test, test, test (under flight conditions)

7. What-if thinking

8. Accountability at all levels of the program
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L Orbit Transfer: Change of orbit (for example from parking orbit to target
orbit)

O Interplanetary Flight: Escape trajectory, acquisition
trajectory, multiple changes of orbit

U Descent Trajectory: Departing parking orbit, soft landing, 2<k
direct impact

O Proximity Operations: Relative
motion between spacecraft,

Eﬂ]ﬁ docking
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O Apollo — Soyuz Rendez Vous: Performed in 1975

APOLLO SOYUZ TEST PROJECT
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What happened in 1975?

* Viene fondata la Microsoft

* Finisce la guerra nel Vietham

* Marco Pannella viene arrestato per aver fumato
hashish durante una conferenza stampa

* Margaret Thatcher diventa primo ministro

*  Muoiono Francisco Franco e P.P. Pasolini

* 1 Caffe 150 lire (< 10 eurocents)

* 1 Litro di benzina 305 Lire

* Sidiventa maggiorenni a 18 anni

*  Wish you were here dei Pink Floyd

* |l Juventus vince il campionato ...
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Anni di Piombo

24 gennaio: Empoli, a seguito di una perquisizione alla sede del Fronte Nazionale Rivoluzionario,
gruppo armato di estrema destra, il terrorista Mario Tuti uccide i due carabinieri

18 febbraio: Un commando delle Brigate Rosse guidato da Mara Cagol fa evadere Renato Curcio

13 marzo: a Milano lo studente liceale Sergio Ramelli, militante del Fronte della Gioventu, viene
aggredito sotto casa a colpi di chiave inglese da militanti di Avanguardia Operaia

16 aprile: Milano, a conclusione di una manifestazione il diciassettenne Claudio Varalli, militante del
gruppo di sinistra Movimento Lavoratori per il Socialismo, viene ucciso a colpi di pistola dal
neofascista di Avanguardia Nazionale Antonio Braggion.

17 aprile: Milano, durante la manifestazione di protesta per |'omicidio Varalli scoppiano degli scontri
tra le forze dell'ordine e i dimostranti: un giovane di ventisei anni, Giannino Zibecchi, militante del
Coordinamento dei Comitati Antifascisti, muore travolto da un camion dei Carabinieri.

6 maggio: Roma, viene rapito da una formazione dei NAP, il magistrato Giuseppe Di Gennaro

25 maggio: Milano, alle 22:30 in Via Mascagni a Milano lo studente universitario/lavoratore Alberto
Brasili € ucciso a coltellate e la fidanzata Lucia Corna ferita. Saranno arrestati cinque fascisti: Antonio
Bega, Pietro Croce, Giorgio Nicolosi, Enrico Caruso e Giovanni Sciabicco.

30 maggio: Aversa, Giovanni Tara, membro dei NAP, muore accidentalmente a causa dell'ordigno che
tentava di piazzare sul tetto del manicomio.

13 giugno: Reggio Emilia, € assassinato Alceste Campanile, attivista di Lotta Continua.

29 ottobre: Roma, Mario Zicchieri, membro del Fronte della Gioventu, e ucciso presso la sede MSI del
quartiere Prenestino.

22 novembre: Roma, negli scontri tra manifestanti e forze dell'ordine durante un corteo a favore
dell'indipendenza dell'Angola, Piero Bruno, diciottenne militante di Lotta Continua viene ferito da
alcuni colpi d'arma da fuoco esplosi dalle forze dell'ordine; morira il giorno successivo in ospedale.
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O Launch Trajectory: The main issues/objectives of this section are:

O Flight Segments:

= Payload weight and propellant consumption rate (exhaust velocity, velocita di
scarico)

= Selection of propulsion system (liquid, solid, combination, electric, nuclear)

= To reach appropriate position and velocity at burn out (equivalently to achieve
sufficient energy for orbit insertion)

Propellant consumption and thrust are expressed by the specific

impulse parameter Igp (seconds) [ 5 .. ;
Third Stage or . = Final Bumout
dm Upper Stage Fowered Bight "™ Local Horizontal
T = —V — + (p — P )A Orbit Injection -
¢ dt ¢ atm € Second Stage Coasting Flight
Second-stage Separation
V = g I (R Second-stage Powered Flight
€ 0" sp Orbit
First First-stage Separation
Stage First-stage Powered Flight
Vertical Flight

Vertical Ascent: to escape denser atmosphere region e
Turn over Maneuver: to achieve maximum horizontal speed Je—
component Elpic
Gravity Turn Trajectory: to optimize thrust angle to achieve T \\ Launh S
maximum horizontal velocity component

Orbit Injection: to reach position and velocity sufficient for
orbital motion at burn out time

Suborbital flight: to determine the apoapsis distance for a
ballistic trajectory
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= Example 1: At burnout a vehicle has the following values:

r(t ) = 6378 + 250 = 6628 Km
u(t, ) = 8.5 Km [ sec
v(t,) = 1deg

2
E = v_oRr_ B _ —93.923 a = _B 8330.895 Km h = rvcosy = 56338.0 Km® / sec
2 r a
r =a(l—e)=06579.73 = (6378 + 201.73) Km
5 1 r = a(l+e)=10,081.22 = (6378 + 3703.22) Km
e= [1+——=0.2102
H \
2
f=cos™' L 1] = 18.19deg
el pur
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= Example 2: At burnout a vehicle has the following values:

r(t )= 6378 + 250 = 6628 Km
v(t, ) = 5.0 Km / sec
v(t, ) = ldeg

E = —47.548 Km® / sec®  h = 33140.0 Km’ /sec €= 0.0854 a = 4191.55 Km

ro= 1737.95 Km
ro= 6645.28 = (6378 + 267.28) Km

f=176.47 deg
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= Example: Preliminary propulsion requirements to orbit

m
* Recall Tsiolkovski’s rocket equation (alternate form) Av = —V In— m;—m,mass expelled by the
m,  rocket (Newton’s Third Law)

* The specific Impulse is the impulse (force per unit V. =g,
time) per unit weight of propellant

* The thrust is the force generated by the engine and
can be computed as: = Problem: We want to put 1 Kg of

TIN]= go[m SeC_Q]ISP [seclm[Kg sec_l] payload into circular LEO at an
ltitude of 250 K
=V [msec '|m[Kgsec '] = [Kgm] = [N] altitude o m

e

Effective exhaust Specific v o= Fparra — 398,600 —
Engine velocity s impulse ‘ T 6,628

(m/s, kg-m/(s-kg)) (s) = 7.7549 _ 7,754.9m - sec”"
29,000 3,000

L1
L L

Turbofan jet engine

(actual V is ~300 m/s) _ _ _ 9
I, =250sec,m, = 1Kg,m ="

Solid rocket 2,500 250
Bipropellant liquid rocket 4,400 450 Av
lon thruster 29,000 3,000 m, = mge bl = 23.69 Kg
VASIMRI[1213][14] 30,000-120,000 3,000-12,000
Dual-stage 4-grid electrostatic ion = 95.78% of the total Weight is due
thruster!15] S L to propellant

L]
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O Orbit Transfer: It is used in several segments of a mission.

= To change from a parking orbit to the final orbit
= As part of a more complex interplanetary flight

L Main Assumption: Orbit transfer is mostly based on propellant consumption,
defined as Av, that is the instantaneous change in velocity (acceleration)

needed for transfer. Some Examples are:

= |mpulsive transfer (constant thrust, no position change at the impulse)

= Single Impulse transfer
= Coplanar orbit transfer Initial Orbit
=  Minimum Fuel transfer (Hohmann) '
= Bielliptical orbit transfer

= Qut-of-plane orbit transfer

= Planet Escape

= Planet Capture

= Swing by (Fly by or gravity assist)

Target Orbit
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O Single Impulse Maneuver

= Awis typically provided by the thrust of a rocket engine, or other reaction engines (on-off
thrusters). The time-rate of change of the velocity Awvis the magnitude of the acceleration
caused by the engines, i.e., the thrust per total vehicle mass.

t t
L T(T) ! V2 . :
Av(t) = f —‘dT = f ‘CL(T)‘CZT B Initial Orbit
t0 m(7—> t0 Fﬁz_’lv
d
Ty 4
“ dt
* The maximum Energy for a given Av s
= Tsiolkovsky’s rocket equation achieved for:
1. v, and Av collinear
Av=—g I In m, + Am];Am <0 2. Maximum v, (periapsis)
m
0

A Av maneuver can:

_ _ 9olsp
Am = m, 1—e

Raise/lower the apogee/perigee

A change in inclination

Escape

= Kinetic Energy Change due to Au:

Reduction/Increase in period

Change in RAAN (2

Begin a 24+ maneuver sequence of
burns.

v, = v, +Av
‘A'v‘ = Av = \/vf + v22 — 20,0, cos @

[Q AE=FE —FE = l(Ay)Z + v, Avcos(180 — ¢) » Creates a Transfer Orbit.
2 1 2 1
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O Problem: Single coplanar impulse maneuver from Elliptic to Circular Earth orbit (apogee)

= Known needed parameters: semi major axis a, eccentricity e.

At apogee, we have that
=a(l+e)
From the vis-viva equation, we can calculate the velocity at apogee.

v, = ﬁ_(i _E) H ( l—e¢ ) d(v——ﬁ)=0:*EspEc=<C » Forachangetoa
e @ (I+e))da2 v smaller circular

orbit, the transfer

However, for a circular orbit at the same point, we calculate from vis-viva should start at
m i perigee of the
— E =4/ m elliptical orbit

Therefore, the Av required to circularize the orbit is 1

v, I l—e _ kA
Av =, \;’a(l—f’ \/ 1+€ (1‘|‘€}(1 - o

a = 10,000 Km r = 15,000 Km v = 3.6451 Km /sec Av = +1.5098 Km / Sec
rj e=0.5 r,=5000Km |y =5.1549 Km / sec
Ll
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O Problem: Single impulse maneuver from Elliptic to Elliptic orbit (change of Argument of

Periapsis M)
Uy
Uy
[ T=r,
fz
A\
_/
Note: The orbits have D D
* The same shape (same a, e) r = L = 2
* The same Focus 1+ ecosfl 1 +2€ cosz
* The same angular momentum p,=DP, =D = a(l —€ )
The spacecraft has: B — /MP
* The same position and speed
magnitudes cos f = cos f
* The same flight path angle _1 2 o = angle of rotation line of apsides
modulus Jy=2m—},

o
];—ﬁ+&:2W:>]§:5

L]
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= From previous computations:

\/:esmf rf———\/z(l—kecosf)
r p
fu—\/i\/l—l—e + 2e cos f)

COs Yy = —— smy = —
v v

= From above, we obtain: cos~y, = cos~,

" Also: b, = h, = TV, COS7y, = TV,C087Y, = U, =V, =V

1 2 1 2
. .
= At this point we can compute Av, from law of cosines: Av = 2vsiny = 2 ﬁe sm(;)
\j a(l —e

0 =10,000 Km [h=5467632 |r=r =—2"—— =6,000Km
. 1+ ecos f

16 =0 ja =120 o =0, =9.644 Km / sec

‘fi = 60 ~f2 = 240° v, = 19.106°

@ Av = 6.53133 Km / sec
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= Sequence of single impulse maneuvers: Rosetta mission, acquisition of the Comet 67P
Churyumov — Gerasimenko (2014)

 Reference system centered at the comet
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O Two — Impulse Maneuver, Hohmann Transfer

= Two (or more) impulsive maneuvers are used for complex orbit changes and also as segments
for interplanetary flight mission planning. The simplest case consists of the initial orbit, the
target orbit, and the transfer orbit (coplanar case for now).

Step 1: Design a transfer orbit (a,e,i, etc.).

Step 2: Calculate ;1 at the point of
intersection with initial orbit.

Step 3: Calculate initial burn to maneuver into
transfer orbit.

—

"—\1’1 = Vir 1 — Vinat

Step 4: Calculate 73, 2 at the point of intersection with target orbit.

Step 5: Calculate velocity of the target orbit, U;,, at the point of intersection
with transfer orbit.

Step 6: Calculate the final burn to maneuver into target orbit.

Avy = Tfin — Ugr,2

L]
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= Many possible orbits satisfy the problem. There are also some constraints:

= Consider an initial (or final) circular orbit of
radius 1, and a circular final (or initial) orbit with

radius r, > 7 :

r =a(l—e)<m
r =a(l+e) >,

a

(J Hohmann Transfer

The Hohmann transfer is the energy-optimal two burn maneuver between any
two coaxial elliptic orbits.

* Originally proposed by Hohmann (1925)

* Proved optimal for circular orbits (1952)

* Proved optimal for elliptic orbits (1986)
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= Example: Consider an outward Hohmann transfer:

-— 1. Speed increase from circular orbit to
Avy Va Circular elliptical transfer at periapsis.
- - Target Orbit . . L. .
2. Speed increase at elliptical apoapsis to
achieve circular target orbit

= QOrbital elements of transfer orbit:

r° 4 re
p a c
t=Ty T
€
T r r —r
a r, o+

" 2 1 1 e
Vinit = L Vtrans,p = —P; — E = 4/ 2,[13‘\/— - = \/2 2

rTET T1+7T02 ‘u’-’“l(?‘l )
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= |nitial impulse Av,:

Av = Utrans,p — Vinit = 1|" 1{' Al 7 LY —1
1 i P t \/ ?"1(?“1 —|— ’.T'E ( ';‘"]_ + TQ )

= At apoapsis:

20 W r1 ve — | B
rans,a — - — — = 2 fin i
Ut 1 o a \/ ‘u?“g (Tl n Tg:] rs

" Final impulse Av,:

i T1 H 27
Avy = Vfin — Virans,a = — —4/2 = — | 1—/—F
S frans, V 72 \/ 'u?‘z('f‘l + 7a) T2 ( (r1 + 7o)

The transfer time is simply half the period of
the orbit. Hence

At=— — g ]L
2 I
(71 +172)
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= Problem: Transfer a satellite from parking orbit at 200 Km, to a geostationary orbit with a
period of 24 hours

¢ = r = 6378 + 200 = 6,578 Km = ¢ = 0.7305
2

P’ = (47" = r = 42,241 Km = o = 24,409.55 Km

[
v, = 7.784 ,

g 107243 Av, = 2.455 Km [ sec
<Up_1 '47 1Av, =1.48 Km / sec
v, = 1.59 TOF = 5.27 hours

v, = 3.0719 ~

= Properties of Hohmann Transfer:

1. Optimal 2 —Impulse transfer in terms of fuel consumption for circular to circular and
elliptic to elliptic

2. Has the longest time of flight

3. It can be suboptimal with respect to multiple impulse transfers

2 2
. . Av | + A
rE_P = From Kinetic Energy Arguments E,_, = H vl” . H UZH AE,,, = —%JF%

= S
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= Bi-Elliptical Transfer: There are situations in which addional fuel can be saved, at the expense
of longer flight time.
* One example is to raise the orbit of a satellite to a higher circular orbit

Avpp = Avy
100
80 /
60 [ Bi-elliptic
n more efficient
. Hohmann
A 40 ——— more efficient
) | \ —
T Sp——— L
| — TR = I(
T | |
T
5 10 1194 15 20 25
It
m

1. Original Parking Orbit (Circular)

vcl - ﬂ
TA
a = TA +TB UPQ — \/2“ TB
2. First Elliptical Transfer (A —B) : 2 Ty (TA + TB)
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3. Second Elliptical Transfer (B — C)
+ T
S A ML H.
< 2 T, (TC + rB)
_ T |
€, = ro4r v, = 2M T
) © 7 s (TC + TB)

4. Final Orbit (Circular)

=  Burn Sequence

* Problem: 1
FII’Td ‘Fhe total delta-v requirement for a bl-. Ay =v, —v, (+)
elliptic Hohmann transfer from a geocentric

circular orbit of 7000 km Av, =wv,, —v,, (—)
radius to one of 105,000 km radius. Let the

apogee of the first ellipse be 210,000 km.

Compare the delta-v,

schedule and total flight time with that for an

@ ordinary single Hohmann transfer ellipse.
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Circular target orbit

Problem Data

7000 km radius a = T,000Km p = 398,600Km” / sec”
initial orbit T, = 105,000&m
B ol c r =210, 000Km
Bielliptic || 1 Th = Ta - A= 47
trajectories Hohmann r o =r
transfer a2 al 80
ellipse Ty =T, 5 ® — \ mote efident
n 40 —+—— more efficient
X, —
20 | | ——TR=rq
""-\_\_\_‘_‘_-_- —-—"""d_—__—'_—_ i
—| 5 10 1194 15 20 25
105,000 km el
210,000 km -
h, = 2u aln 73,487 Km® / sec
v, = ’ﬁ = 7.54Km / sec T T
fa E= —2ﬁ — —1.8369 Km" / sec’
a
/rl /rl
a, = - — 108,500 Km
o =TT _ 50355 v, = [2u——8 = \/2-398,600 210,000 _ 16 4982Km / sec
L g r(r, +m,) 7,000 - 217,000
v, = Pp—t = [2.398,600— 20 _ (3499 Km / sec
] ry(r, +1,) 210,000 - 217,000
=
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ro4r ' h, 236,238
a = <2 al = 157’500 Km - 7’;27;1 _ 2 v = -2 =——2""" = 224992Km sec
2 i E . h2 = \[2[& m = 236,238 Km / SEeC P2 ’I"CQ 105’ 000 /
e, =L —2 —(0.333 1 h 236,238
2 E=—-—1"=_-12654 Km" / sec’ v, =—2=""""=1.1249Km / sec
Ty 1 2 / T 210,000 /

Av =110.4982 — 7.54| + [1.1249 — 0.3489| + |1.9484 — 2.24992| = 3.4327 K-
v, = ﬂ:1.9484Km/sec ! ‘+‘ ‘+‘ m /] sec
¢ L TOF = 5.66 days

= Consider now a 2 impulse Hohmann

Circular target orbit CLH _ T’p + Ta _ 56, 000 Km, h = 72, 330 Km2 /SGC
: 2 v =10.333 Km / sec
7000 km radius 1 r —r 1P
initial orbit ¢, =——L =0.875 v = 0.68886 Km / sec
B N DY A c_ { T TOF = 0.763 days

Bielliptic ™
trajectories

“— Hohmann
transfer
ellipse

Av = [10.333 — 7.54| + [1.9484 — 0.68886 = 4.0463 Km / sec

105,000 km

—210.000 km——
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J Some Comments on Out — of — Plane Orbits

There are many instances where orbit change requires changes in orbital plane one of
these is the launch phase

The two geometric features of launch are:
e |atitude of the launch site, ¢4c
e launch azimuth (direction), /5.

L

=  The orbit Inclination selection is limited

CO8 1 = COS Qg sin 3

= Unlike inclination, the Right Ascension of
the orbital plane can be chosen by
Launch Window.

Referring to the triangle our desired launch time (in Local Sidereal Time) is given by

OrsT = Q2+ Ay
where A\, can be found from 8 and i as

cos [3

COS Ay, =

r *] sin ¢
E;QE Note: the sum of angles is greater than 180 degrees.
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L Napier’s rule for spherical right triangles

o If 3 =4907, then the minimum 7 is restricted by i > ..
o Equation derived from Napier's rules for spherical right triangles

(C' = 90°)

o 3 = A (as defined on the previous figure) or 3 = 180" + A (using the
tables)
(R1) Cos ¢ = cos a cos b, tana = cos B tanc,
(R2) sinb = sin B sin ¢, tan b = cos A tanc,
(R3) sina = sin A sinc, ,
(R4) tan b = tan B sina, cos A = sin B cos a,
(R5) tana = tan A sin b, (R10) cos ¢ = cot B cot A.
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] Launch sites

80 —— hﬁ%f S
e S . :
""@ . Site Latitude () Longitude (°)  Azimuth Min (°) Azimuth Max (°)

' sl Vandenberg 34600000 120,600 000 147 201
60 |- AR PREY T 7 , Cape Kennedy 28,500 000 —80.550 000 37 12
- SRR Wallops 37.850 000 75,466 67 30 125
! N i o Kourou 5.200 000 52800 000 340 100
L 1 % : "'mlef-’-y| Y - San Marco ~2.933 333 40.200 000 50 150

o . VK Tl
T 20 [ VHnacabyTE < Q’f@ﬁ;@" Plesetsk 62.800 000 40.600 000 330 9%
'g - e Kapustin Yar 48.400 000 45,800 000 350 90
= ! g l ) ] Tyuratam 45.600 000 63.400 000 340 90
-0 : Sriharikota 13.700 000 80.250 000 100 200
—— Shuang-Ch'Eng-Tzu 40.416 667 99.833 333 350 120
- Xichang 28.250 000 102.200 000 94 105
) "1 Tai-yuan 37.766 667 112.500 000 90 190
-6 i Kagoshima 31.233 333 131.083 333 20 150
| y Woomera -30.950 000 136.500 000 350 15

)
i i e Yavne 31,516 667 34.450 000 350 120
-80 5= —

o o0 .60 30 0 30 60 90 120 150 180
180 -150 -120 =90 S

® Launch latitude is restricted by the site.
= Launch Azimuth is usually towards the sea or away from inhabited areas (problems with

rockets), and in the eastward direction
O Example Vanderberg AFB
Gge = 34.6 deg and 3 € [147 deg, 201 deg]
COS % = COS Pg. sin 3 Therefore —.295 < cos1 < .4483

So the inclination 1s restricted as

EQL 63.36 deg < i < 107.16 deg
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O Example
= Forinterplanetary flight is useful to establish an initial parking orbit on the ecliptic plane.

= Data: RAAN Q =0 deg, inclination 23.5 deg, Launch site: Kourou [0;.=5.2 deg, 0,=-52.8 deg,
B= (160 deg, 280 deg)] ->added +180

= Find: 0,; and verify whether 3 is in the launch azimuth window.

cos 3 cos [3
—  COSAy = ——
sin i sin 2

0 : i e
Q=0 =26 =A COS T = COS (g SiN 3, cosOpst =

Solving the first equation for /3, we have

. v f cos823.5° i
B = sin~! — = , 112.95°
cos H.2°

->add +180 to have prograde orbit

B =67.05" = B'=180" + B = 247.05" € [160°,280"] ",

B=112.95" = f'=180" + B = 202" ¢ [160°,280'] (&

= desired launch time (in Local Sidereal Time) 6,,, =Q+4 =0+ cos (S8 = 12,074, 167.92°)
S11n 7
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= QOrbital inclination change is an orbital maneuver aimed at changing the inclination of an
orbiting body's orbit. This maneuver is also known as an orbital plane change as the plane of
the orbit is tipped. This maneuver requires a change in the orbital velocity vector at the
orbital nodes.

= |n general, inclination changes can require a great deal of delta-v to perform, and most
mission planners try to avoid them whenever possible to conserve fuel.

=  Maximum efficiency of inclination change is achieved at apoapsis, where orbital velocity is
the lowest. In some cases, it may require less total delta-v to raise the satellite into a higher
orbit, change the orbit plane at the higher apogee, and then lower the satellite to its original
altitude.

6
Av = 2vsin 5 6 =Ai

Ay

i 7,
The direction of trust is: 90° + 5

=  Qut of Plane maneuvers can also be used to
change both inclination and Longitude of the
Ascending Node 2 (RAAN)

C'2 AEE 462 Lec. 9 Part D




Automation and Robotics

Labaratory

AL Interplanetary Flight ﬁ

=  Events during a mission

SIGNIFICANT EVENTS OF THE APOLLO 11 AND PROPOSED CONSTELLATION MISSION

Orient CM CM/SM separation ) CSM LM
for re-entry _ / docking

_CSM and LM
separation
LM jettison

Touchdown CSM/LM undock

- CSM conducts
transearth
injection

posﬁanding
.,

inbound
CSM Lunar orbit

Apollo 11 mission events
Constellation mission

Common Apollo/Constellation event
NB: This diagram is representative only




éﬁ%ﬁm Interplanetary Flight ﬁ ﬁ—m

TRAJECTORY

Mars’ positi
JOURNEY TO THE . ..~
RED PLANET 5

India's Mars Orbiter Mission left Earth's orbit on Sunday,
clearing a critical hurdle in its journey to the Red planet. ,
MANGALYAAN (Mars Orbiter Mission) e B

B Lammch weight: 1,350 kg Photometer antenna
B Project cost: $69 million

N Launch site: Satish Dhawan

==

Timeline of Operations

Phase Date Event Detail Result Referances
5 November 2013 09:08 UTC Launch Burn time: 15:35 min in 5 stages Apogee: 23,550 km (14,630 mi) [52]
& November 2013 19:47 UTC Orbit raising manoeuvre Burn time: 416 sec Apogee: 28 825 km (17,911 mi) 53]
7 November 2013 20:48 UTC Orbit raising manoeuvre Burn time: 570.6 sec Apogee: 40,186 km (24,970 mi) (5411551
8 November 2013 20:40 UTC Orbit raising manoeuvre Burn time: 707 sec Apogee: 71,636 km (44,513 mi) 5411561
Geocentric phase | 10 November 2013 20:36 UTC Orbit rgising manoeuvre Incomplete burn Apogee: 78,276 km (48,638 mi) 571

Orbit raising manoeuvre ) N _ _ =T
11 November 2013 23:33 UTC ) Burn time: 303.8 sec Apogee: 118,642 km (73,721 mi) [54]
(suppfementary) ’

15 November 2013 19:57 UTC Orbitfraising manoeuvre Burn time: 243.5 sec Apogee: 192,874 km (119,846 mi) [541[=8]
30 November 2013, 19:19 UTC Tranfs-Mars injection Burn time: 1328 89 sec Successful heliocentric insertion 58]

En foute to Mars — The probe travelled a distance of 780,000,000 kilometres (480,000,000 mi) in a Hohmann transfer orbit®*2 around
Sun to reach Mars.[*?l This phase plan included up to four frajectory corrections if needed.

[60II611[6

December 2013 — September 2014
11 December 2013 01:00 UTC 1gt Trajectory correction Burn time: 40.5 sec Success
Heliocentric

" 9 April 2014 2hd Trajectory correction (planned) Not required Rescheduled for 11 June 2014
phase

11 June 2014 11:00 UTC nd Trajectory correction Burn time: 16 sec Success

August 2014
22 September 2014

rd Trajectory correction (planned) Not required!®
3rd Trajectory correction Burn time: 4 sec Success

Areocentric phase 24 September 2014 IMars orbit insertion Burn time: 1388.67 sec Success

= Sequence of orbit transfers called PHASING
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(J Orbit Determination

One of the most critical issues in mission planning is the accurate position of a spacecraft

and/or planet along their orbit and the orbit determination, given the measured positions at
different times.

= |mportance in near Earth asteroid orbit computation, and in targeting operations

= Given two positions and the time of flight, find the orbit
= Given a position and a time interval, find the position at the final time

= Gibbs’ Method: given the position vectors at three
different times, the orbit can be found using vector
calculus. The only constraint is that the three
measurements be coplanar

n(8):1,(8): 15 (8,) — v (8),0,(¢)
— (a7€7p77;7ﬂ7w)
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Gauss Measurements for Ceres

°
north
celestial pole

x/ [ 7//{0'
‘5/ | \ sf‘/%(
/ \ spacecraft

O Ceres: asteroid in the belt discovered by Piazzi (1801) with
observations and orbit developed by Gauss. Visited by DAWN

G

&)
G
o
o
.
=
O
=
=
=)

south
celestial pole

O Lambert’s Problem (1761): The transfer time of a body moving between two points on a
conic trajectory is a function only of the sum of the distances of the two points from the

origin of the force, the linear distance between the points, and the semi major axis of the

V4
conic (Somewhat similar to Kepler’s problem, but the orbit is unknown)
K
\/ ,LL(lf2 — tl) = f(a, n + T, C) Tmi:oclur\'.- T Sh;:‘t:r::y(AHlSO)
‘ g .".-'I:. frl'-_' I ¢ Long Way (AV>180)

Travel between two points is not
unique unless direction is

specified

L]
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= The solution of Lambert’s problem is very important for interplanetary flight trajectory
determination, for intercepting targets in orbit (for instance dangerous asteroids), and it is
obtained only numerically with methods developed even in recent years (Battin, 1978).

= The main equation governing the problem depends on the nature of the resulting orbit
(elliptical, parabolic, hyperbolic), and the solution may be non unique.

= Lambert’s equation for elliptical transfer (for proof see Mengali p. 187)

a
(t, —t) = —=[a— B —(sina — sin §)]
5
e r+r+c gonthte
sin — = [ ———— 9
4a (
e’ s
g_ntrn—c sin— = ,|—
sin — = 9 %
4a
. s—c
smﬁ =
2 2a
= Known: ry, r, and At. Want: orbital elements e 2
= The presence of trigonometric functions

makes the solution ambiguous.
= Kepler’s equation can be used to solve for the

@ semi major axis a if we knew the orbit..
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=  Geometrical viewpoint: solving for the semimajor axis knowing time requires numerical
approaches and the solution may not be unique.
3
2

T T

At =(t,—t)=—=[a—fB—(sina —sin )] cosAg = 1T
7
= Knowing the two positions we have the true anomaly change A0 (or 360° — AO) and the orbital
plane (since we know the focus of the orbit), which is not sufficient to find the orbit.

= We need to find the apparent focus or the semimajor axis

=  Assume we solved for a from At:
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¢ =, =
= Recall: _
s it"h T Half perimeter
2
2.0
r =10au
r,=1.524 au
8 =75°
154
g
23
=
B 10 e
& = Example of solution: In some cases there is
§ no solution, one solution, two solutions, an
Rl R extremum solution
If- ___________ !
1,=0.197 Fommnemnn-- e ELREECEE L LD EET R TR EE PR
0.0 —t [ — ; .
0.9 1.0 1.1 1.2 1.3 14 1.5

a, ) 123
Semimajor Axis, a (au)
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= Use properties of ellipse: at any point the sum of the distances from the foci is always
equal to 2a.

ntn=>2a

Circle of radius 2a — r; about 7.

Circle of radius 2a — ro about 75.

The Intersection of these circles gives the two
possible locations of the hidden focus, F’ or I

® The Short Way Corresponds to the small At solution.
® The Long Way Corresponds to the large At solution.

In addition, the direction of travel along each ellipse can be reversed to obtain
the Retrograde Path

L]
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=  Minimum energy transfer:
* Corresponds to the smallest semimajor axis

Note the focal locations vary continuously as we change a.
® As we vary a, the set of foci points F' and F” form a hyperbola.

® As a increases, the two possible foci get farther apart.
® At amin, The foci F' and F” coincide.

This is the minimum energy transfer ellipse

ry= 1,524 au
675

.
LI

Time of Flight 1 (vears)

=
-

[ m - — : .
09 o L1 1.2 L3 14 L5
(&=
Semimajor Axis, @ {au)

/ I 3
.‘.", , i ; ® r1+re4c

B, = 1 where ¢ = ||y — 71|

®* The minimum energy transfer yields the
smallest a for which it is possible to have
the two points on the same orbit.

® Hidden focus for the minimum energy
transfer lies on the line between 7 and 7%.

® This is NOT the Hohman transfer.
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= Trace: Solution of Lambert’s problem (elliptical case)

= From Kepler’s Equation:

1/%(1&2 —t)=(E,—esink)) —(E —esink)

a

* From elliptical orbit property:

r=a(l —ecosE) = (r, + 1) = a2 —e(cos E, + cos E,)]

= Let:
E +FE E —FE
E, 2 2; 1;EM3%:>n0t6:EM>O = (r +1n)=2a(l —ecosE, cosE,)

"  From geometry of the ellipse, with the x axis along the major axis, we can compute the

chord c:
¢ =, —z)+,—-y) =.=4sin’E (1—€ cosE,)
" let: cos§ =ecosE, (e <1,{>0) * Define the angles:
oL+ E,
BLe-E,

L]
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=  We obtain:

c 2
7“1—1—7"2—1—0:4(1,8111

SRR N o)

.2
7“1+7“2—c:4as1n

= Note that oo > 0 but #< o can be negative

= So Kepler’s equation can be rewritten as:

Jult, ) =Na* [(B, - B) — e(sin E, — sin E,)| = 2Ja* [E

y — Sin EMe CcOS EP

= using:
E, —E =2F 3
. 2
a—p=2E, (t2_tl):a’_[a—ﬁ—(sina—sinﬁ)]
e
sip® o ithte
2 4a

B_, [ntn—c

@ ¥sin 2 B 4a
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= The uncertainty in the values of e and 3 is due to the possible ellipses with Focus F and

semi major axis a.

= Example of possible ellipses for given pairs of o and [3 angles:

A
AN
&
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= Since the positions are known, we can use the Lagrange coefficients to determine the

velocities.
r,(t,) = Fr(t) + Gul(t) | : . g _ ¢ fé—fs
. . ‘F] —_ l"2 — l"] Vo =fr +'_ rnh—fr :'_r“ _';r
v,(t,) = Fr(t) + Gu,(t) g( fry) »=fr) g( » —fr1) P 2 P i

f=1—%(1—cus&ﬁ)

g=%sinﬁﬂ

. w1l —cosAf | 1 1
=— ————— |—=(l —cos Af) — — — —
! h  sin Af [h{ cos £6) ro r

g:l—%{l—cesﬂ.ﬂ)

= Orbital elements can then be found from (r,, v,) or (r,, v,), see Curtis Ch. 5, section 3.
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Define g(a) = \/‘i—f (a — 3 — (sina — sin 3)).

There are several ways to solve Root-Finding Problem:

Lambert's Equation

Newton Iteration Find a :
» More Complicated than Kepler's such that g(a) = At
Equation
Series Expansion Bisection Algorithm:

» Probably the easiest...

., — S _ rotr+c
* Bisection 1 Choose ayin = 5 = 1
> Relatively Slow, but easy to 2 Choose aax >> Guin
understand 3 Set q = & ;a ;
> Only .works for monotone 4 I g(a) S AL set an —a
functions.

5 1f gla) < At, set apmax = a
6 Goto 3

This is guaranteed to converge to the
unique solution (if it exists).

o We assume Elliptic solutions.

ALGORITHM 5.2
To solve Lambert’s problem use the MATLAB implementation that appears in Appendix D.25.
Given ry, r,, and Az, the steps are as follows:
1. Calculate r| and > using Eq. (5.24).
2. Choose either a prograde or a retrograde trajectory and calculate A0 using Eq. (5.26).
3. Calculate A in Eq. (5.35).
4. By iteration, using Egs. (5.40), (5.43), and (5.45), solve Eq. (5.39) for z. The sign of z tells us
whether the orbit is a hyperbola (z < 0), parabola (z = 0), or ellipse (z = 0).
. Calculate y using Eq. (5.38).
. Calculate the Lagrange f, ¢, and ¢ functions using Eqs. (5.46a), (5.46b), (5.46¢), and (5.46d).

4
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= Similar expressions can be found for parabolic and hyperbolic transfer orbits between two
points P, and P,.

= Lambert’s equation for hyperbolic transfer

(t,—t)= [sinh @ — sinh 6 — (o — 3)]

nh &= [iFnEe_ | s
J 2 4a 2a
sinn B /wz _sz¢
| 2 4a 2a

S

= Example:

The position of an earth satellite is first determined to be =, = 5,000i+ 10,000j+2,100k
(Km). After one hour the position vector is 7, = -14,600i+-2,500j+7,000k . Determine

the orbital elements and find the perigee altitude and the time since perigee passage of
the first sighting (t,).

1. Select a prograde trajectory. The angle between the two positions is given by

X
A = cos™* hxh 100.29°

@ hh
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2. Compute iteratively initial and final velocities using a Lambert’s problem solver

v; = —5.9925l + 1.9254) + 3.2456K (km)
Vo = —3.31251 — 4.1966) — 0.38529K (km)

3. Compute orbital elements from position and velocity data

h = 80,470 km?/s ;
a=20,000 km o
e =0.4335 P e U e
_ o P
Q=44.60 Descending‘/ \\P _
i =30.19° node = T—0 \ 5 E"geeyt?zv
w=30.71° ; Equatorial plane T 3 == ;r1 TPI -
§, = 350.8° ] 2 :,'_,;1.‘-"“53‘1‘,;02“3
st (30.2°
® Apogee 4
Y
4
2 2
o h 1 80,470 1 11,330 k

~ u1l+ecos(0) 3986001 +0.4335

@ Therefore, the perigee altitude is 11330 — 6378 = | 4952 km |-
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4. Compute the Eccentric Anomaly £,

J_U:v
+

E

1—¢é?
1+e

tang = E1 = —0.1007 rad

2

/ ’ /\\\ tan 2 =

//

\

8

5. Compute the time of periapsis passage

3

b
v
b, = : 9,
(14 ecosf)

5. Compute the Mean Anomaly M, from Kepler’s
/ Equation

M1 = E1 — esin E1 — —0.05715 rad

= —256.1sec

= The minus sign means that there are 256.1 seconds until perigee encounter

after the first sighting

L]
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= Example: A meteoroid is sighted at an altitude of 267,000 km. After 13.5 h and a change in
true anomaly of 5°, the altitude is observed to be 140,000 km. Calculate the perigee altitude
and the time to perigee after the second sighting.

Py:  r =6378+267.000 =273,378km ry = ryi=273,378i(km)
Py: rp, =6378+ 140,000 = 146,378km Vi =l(r3 fr1) = 24356i+0.26741j(km/s)
At = 13.5 x 3600 = 48.600s S
AO = 5° h=73.105 kng’s e = 1.0506 0, = 205.06°

h? I |
Iy =——————=06538.2km
i 1l +ecos(0)
Or =01 +5°=210.16°
M, K .
ty——— ™7 38 396s

p2(e2 —1)°"*
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O Preliminary interplanetary Mission planning: The design of an interplanetary mission is a
complex — multi year project, and the mission itself may last many decades. Elements such as
orbit perturbations, and multiple body gravitational attraction must be taken into account,
among other parameters outside of the scope of this course.

Q Assumptions:
= Coplanar trajectories (except for special cases)
= Earth (home planet) Departure — hyperbolic escape trajectory
= Target Planet Arrival — hyperbolic capture trajectory
= Heliocentric Transfer8S9
® Planetary Assist

= Coplanar trajectories

@ Solar System
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O Interplanetary preliminary Mission Analysis

Comet 67P / Churyumov — Gerasimenko encounter
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https://www.youtube.com/watch?v=ppdEzii5aDs
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https://www.youtube.com/watch?v=NYGHb| esgw

https://www.nasa.gov/press-release/nasa-s-osiris-rex-spacecraft-successfully-touches-asteroid

Bennu

T Earth

= OSIRIS-REx launched from Cape Canaveral, Florida, on an Atlas V 411 rocket on Sept. 8, 2016. In
September 2017, OSIRIS-REx used Earth’s gravitational field to assist it on its way to Bennu. On
Dec, 3, 2018, OSIRIS-REx will use an array of small rocket thrusters to match the velocity of
Bennu and rendezvous with the asteroid. n March 2021, the window for departure from the
asteroid will open, and OSIRIS-REx will begin its return journey to Earth, arriving two and a half
years later in September 2023. The sample return capsule will separate from the spacecraft and
enter the Earth’s atmosphere.
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O Patched Conics Method: The trajectory is composed of Keplerian orbits (or orbit sections),
with the main body given by the planets of interest and the Sun.

O Sphere of Influence: A sphere of influence (SOI) is the oblate-spheroid-shaped region around
a celestial body where the primary gravitational influence on an orbiting object is that body.
This is usually used to describe the areas in the Solar System where planets dominate the
orbits of surrounding objects (such as moons), despite the presence of the much more
massive (but distant) Sun. In a more general sense, the patched conic approximation is only
valid within the SOI.

10 py 7
— ] 1
B 10°h !
) 1
-E— 107} i
S 10° | Solar gravity :
1 T
E 10° J
[ Tl A —
10 | .
E 10% i Earth's gravity Mars’gravit\;ﬁ
- :
E 107 : ﬁ—---_""""--.__ 4_--""""'—/ |
E T i
i  — +
o T !
e N 1
107, 50 100 150 200 250
Transfer Time (days)
% 10 — & 10t T -
E oo e  Crossing the T . Crossing |
i TEarth’s SOI s Mars’ SOI |
2 107 - A £ 107 N
g . E‘"/ Solar gravity 5 - ! \N:
g 10 \\ ' | 7 10 Solar gravity i
< 10°¢ ! < 100 Yot
= E \.“--..____§3_r:h’s gravity = /
§ 10 : s 5 10° e i
j—. ' ——— ] = Mars’ gravity " !
= 107 T £ 10° E— 1
5 10% " : 5 108 =——— '
© 0 10 15 20 O Y220 225 230 235 240
Transfer Time (days) Transfer Time (days)
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O Patched Conics Method: The trajectory is composed of Keplerian orbits (or orbit sections),
with the main body given by the planets of interest and the Sun.

Jupiter SOI
0 o
t?;@:‘f’l é'%”%f, / |
_ . Capture Hyperbola /
Or .'
/
/
Earth SOl _.---=""-- )
, , Parking orbit Heliocentric - P
| TN Trajectory <~
s )

-
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= The computation of the SOl is obtained by defining a 3 — body problem and treating the
effect of the Sun as a perturbation, which may be neglected in proximity of the planet. For
example, at its surface the Earth’s gravitational force is over 1600 times greater than the

Sun’s.

1.

2.

/’o
pv

= Secondary Body
influence modeled as a
disturbance

Tjs o rcentral,s dist.,s
’rp o Tcentml,p + Tdist.,p

Motion of a Spacecraft w.r.t. the Sun

r T

_ T o pv sp

m
3 p 3 3

Tr
pv

r

SV sp

Motion of a Spacecraft w.r.t. the Planet

pv Ir:sv sp

m —
3 S 3

p 3

r

SU

I”'I
sp

pv

Definition 1.

An object is in the Sphere of Influence(SOI) of body 1 if

for any other body 2.

|7 aist.n | |7aist.2]

”%ce-nt?’al,l H H%’cent?’al,QH
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Sun Perspective: Lets group the forces as central and disturbing.
Consider motion of a spacecraft relative to the sun:

-. ) F v 'F..
Pt Cme—=_ = _Gm LA - P ]
" ) H soll® g 170 12 |7sp I
Effect of sun on obJect Effect of planet on object  Effect of planet on sun

where p denotes planet, v denotes vehicles and s denotes sun.

The Central “Force” is
e For the sun-moon system, e.g., the vectors

7 = —-Gm s
central,s — s H"'sv" va s "sp ~0
I7pel? [[7sp |
The Disturbing “Force” is -
'T_" T_" ';-}dist,s A~ mp ”7-“5)‘1.:”2
ﬁlist.s = _Gm;l) [ _"PU 3 "Sp 3:| Fccntral.s ms “va”2
' 17pol®  [I7spll° ]

~ o So if ||| is small and |75y || is big, the disturbing force dominates.
Acceleration of object due to planet

—— Acceleration of Sun due to Earth is negligible

il
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Planet Perspective: The relative motion of the spacecraft with respect to the
planet is

— 7 v 7Tsv Fs
Tpy T Gmp . = —Gms — 113 = _.—p
pv sv sp
[17pu® 750l 1 7spl|®
W W
Effect of planet on object Effect of sun on object  Effect of sun on planet
The Central “Force” for the planet is e When the vehicle is near the planet, 75, = 75, and hence
P —Gm Ty Tsp oy _Tsv
Teentral.p = =N NIE
el L ||?’l,,,H [|7spll | 7sv ||
The Disturbing “Force” for the planet is so Taist,p = 0 and

Tdist,p ~, Ms

. 7_" F LA = m L 0 E O
= _ sv sp Py
Tdist,p — _G7n3 [ I_" ”3 — ” = ||3] central,p p
" Tsv Tspll™ ] and hence the relative size of the disturbance is small.

Acceleration of object due to sun e Sphere of influence is based on the relative distance.

— Acceleration of Earth and Moon due to Sun

are about same

L]
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= The ratio between disturbing force to central force defines the size of the SOI

" For planets, an approximation for determining the SOI of a planet of mass m,, at distance d,
from the sun is:

2/5 [E| |Faist,s|l
1 ) =
T 3 ;
RSOI ~ ?Tlp a"p || centra!,p" ” centra[,.s"
'8 . 2 m [ Tan _ 7_'.3]; ] - .
myp [Tsoll® 0 (TR~ T5pl®) o s [Fov = i)
=~ 2 Tpo - Fpr"—.-l .'”3
ms ||TP?J“ mp ||,-.-p::|| D II‘T"',;: ﬁ:;
m_?) ”ﬁsv”s [Fsv = 1r_"s;o] ~
m? ||7po]® Tpv

2
— > ||
ol > 7l

2/5
= m -
[7poll < ( ,,) [I750 |l

ms
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Celestial Body  Equatorial Radius ~ SOIRadius ~ SOI Radius
(km) (km) (body radii)
Mercury 2487 1.13 x 10° 45
Venus 6187 6.17 x 10° 100
Earth 6378 9.24 x 10° 145
Mars 3380 5.74 x 10° 170
Jupiter 71370 4.83 x 107 677
Neptune 22320 8.67 x 107 3886
Moon 1738 6.61 x 104 38

The SOl of the Moon with respect to the Earth is inside of the SOI of the Earth with respect

to the Sun.

An interplanetary mission is a sequence of two — body problem conic sections as a first

approximation.
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Problem: Suppose we want to plan a lunar-lander mission. Determine the
spheres of influence to consider for a patched-conic approach.

® The SOI of the earth is of radius 924,000km.
® The SOI of the moon is of radius 66,100km.

Solution: The moon orbits at a distance of 385,000km. The spacecraft will
transition to the lunar sphere at distance

r = 385,000 — 66, 100 = 318, 900km

We will probably also need a plane change. A s
reasonable mission design is

-l
m.
N
-

1. Depart earth on a Hohmann transfer to
radius 317,900 km.

2. Perform inclination change near apogee.

3°27"

3. Enter sphere of influence of the moon. s
4. Establish parking orbit.

€
vernal equinox

L]




Automation and Robotics
Laboratory

AL, Interplanetary Flight m

Why a Plane Change is needed.
® Note that the lunar orbit is inclined at about 4.99°-5.30° to the ecliptic
plane.
® The inclination of the lunar orbit is almost fixed with respect to the ecliptic.
® Not fixed relative to the equatorial plane (Saros cycle - Solar and J2).
® Inclination to equator varies = 21.3° + 5.8° every 18 years.

-

23 4
0BL 10U TY MOON 08t 001 TY

) 6.68°

LUN

LUNAR

EOgATOE;:D\\\\\_ LUNA

T
ANE
g LUNAR oRBIT PL l {
\\

ECLIPTIC PLkNE—/ — 5.14° |_ sS4
LUNAR ORBITAL )
INCLINATION

~. 0
T0
EOUATDE!AL

EARTH
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AJTEMIS 1 Nasa

The first uncrewed, integrated flight test of NASA’s Orion spacecraft and Space Launch System rocket, launching from a modernized Kennedy spaceport

1 LAUNCH
SLS and Orion lift
off from pad 39B at
Kennedy Space Center

OUTBOUND TRAJECTORY
CORRECTION (OTC) BURNS

As necessary adjust trajectory
for Lunar flyby to DRO

ENTRY INTERFACE (E!)
Enter Earth’s atmosphere

OUTBOUND POWERED FLYBY (OPF)
62 miles from the Moon;
targets DRO insertion

W
Heliocentric Disposal
precludes re-contact

SPLASHDOWN

Pacific Ocean landing within view
of the U.S. Navy recovery ships

JETTISON ROCKET

BOQSTERS CORRECTION (RTC) BURN
Solid rocket boosters Precision targeting for

separate b Y * Earth entry
JETTISON /i *  d

LAUNCH ABORT ’Ql- -~ o
SYSTEM (LAS) N 17
The LAS is no

— @D FINAL RETURN TRAJECTORY

@ orsiT INSERTION

Enter Distant Retrograde
Orbit for next 6-23 days

longer needed,
Orion could
safely abort

-
-

DISTANT
RETROGRADE
ORBIT (DRO)

Orbit Maintenance

A @ OUTBOUND TRANSIT i o burns and solar

N Requires several attitude maneuvers b i panel adjustments;
38,000 nmi from the
surface of the Moon

CORE STAGE

MAIN ENGINE \!
CUT OFF (MECO)@
and separation

@ ENTER EARTH - i .@
gNR . W : 6000 Fg
Parforn the perioes d CUBESATS DEPLOY 16
raise maneuver 16

¢ ICPS deploys 13 CubeSats total 3
® errTHORBIT ‘\ﬂ:
Systems check and
solar panel adjustments o

44 DRO DEPARTURE
~ Leave DRO and start
return to Earth

15 RETURN POWER FLY-BY (RPF)

RPF burn prep and return
coast to Earth initiated

@ INTERIM CRYOGENIC PROPULSION 16 RETURN FRANSIT

» @ TRANS LUNAR Heg STAGE (ICPS) SEPARATION : reion e,
INJECTION (TLI) BURN The ICPS has committed Orion to TLI SIS TIRGESSaLY, IO S T IOn SARTLS
atmosphere; travel time 3-11 days

l Burn lasts for approximately
20 minutes d b 5

Return Trajectory Correction (RTC)

AJTEMIS Launch Earth Orbit — Trans Lunar ~— LunarOrbit — Trans Earth ~— Earth Re-entry --- Payload Orbit/Disposal ATEMIS 1

Total distance traveled: 1.3 million miles — Mission duration: 26-42 days — Re-entry speed: 24,500 mph (Mach 32) - 13 CubeSats deployed
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Jupiter SOI

) ..1!]3‘:!"’{/
Capture Hyperbola
Or

FlyBy

Earth SOl _.--=wme
; “"Parking orbit Heliocentric
o Trajectory .-

" Escape Hyperbola

= Capture hyperbolic trajectory (P
SOl)

= Possibly change plane as
function of target parking orbit

= Select properties of hyperbolic
capture based on target parking
orbit

=  Enter parking orbit

= Launch into a parking orbit
= Possibly change inclination and
RAAN depending on launch site
and Heliocentric trajectories
= Leave planet with hyperbolic

escape (P SOI)
=  Reach appropriate v., according
to Heliocentric section
= Adjust timing to reach
heliocentric section
= Possibly plane change
= Heliocentric trajectory (Sun SOI)
= Selected apriori as a
function of TOF. DV, etc.
=  Use Lambert’s problem
and/or other transfers

Heliocentric trajectory
=  May include several segments
achieved with intermediate
firing
= Each section may require
solution of Lambert’s problems
= Possibly plane changes
Intermediate gravity assists
= Change specific energy wrt the
Sun
= |ncrease/decrease heliocentric
speed and direction

______ N L
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 Escape Trajectory: A spacecraft needs to leave the departing planet (either at launch, or
from a parking orbit) along a hyperbolic trajectory. We can assume that plane changes have

been performed already
Aﬂgv_
Vector

Locus of all possible
interplanetary injection points

= For an elliptical parking orbit the escape is usually at the periapsis (highest speed) into the
periapsis of the escape hyperbola

= At the end of the departing planet SOI, the spacecraft should have the correct speed of the
Heliocentric transfer orbit

= The transfer time, and the departing time must be found according to Lambert’s theorem,
so that the spacecraft will reach the SOI of the target planet at the same time as the planet
itself
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= Departing angle 8/2: J
*  From property of hyperbola \T .
1 &
6 =2sin ! = N A
e i “AY
* From energy compute semimajor * At periapsis (assuming circular
axis parking orbit)
1 r.=r,=all—¢e)=e
E==0 =-£ 50 = =al=e
2 2a

* From Earth — Sun vector the figure departing is before noon (if on the light side)
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= Recall interplanetary Hohmann transfer trajectory

Heliocentric elliptical
transfer trajectory

Planet 2

Planet 2
at arrival
O

o~  atdeparture

Planet 1
at arrival

Capture trajectory at SOl of planet 2
Escape trajectory at SOI of planet 1

il

at departure

Heliocentric elliptical
transfer trajectory

Planet 2
at arrival

Planet 1
at departure
A
|
|
Planet 2 |
/ at departure 1
/ !
/

/ Escape trajectory at SOI of planet 1

Capture trajectory at SOI of planet 2
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= Example: Escape trajectory to enter a Hohmann transfer to Mars from Earth circular
parking orbit

Target Planet

V .
Veo/@ z at Arrival

Ve

Target Planet
at Launch

aoydurdsy

Sphere of influence:

Spa_-cecraft parking orbit

Planet 1's orbital track C -
L——/'fp: deparl;lt:')ehyperbola ) .
= Properties of Hohmann transfer orbit = Excess hyperbolic speed
_ Toarrs T Taans ot — Houn . Twars — ’UgOH — PR
Chon = P >~
2 ) aHOH TEARTH M
_ ., H0H SUN
Lo Hsun  TparTn = Up r
A 4 - EARTH
HOH MARS
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to sun

\
\
\

§

i

1

1 Not to scole
i

]

i

i
1

\

eorrh'a
crhital velocity

"doparture asymptote

Properties of Escape Hyperbola (light side for inner planets, dark side for outer planets)

EARTH
- 'U'EARTH TPARK
a = - e > ] — LAt
HYP 2 HYP —
EARTH a
’UOo HYP

= Note: the minimum energy required is
when the periapsis of the hyperbola
coincides with the parking orbit radius.

HYP EARTH
TP =

Parking Orbit Speed:

EARTH
PARK

HYP __

= Toark = “Oyyp (eHYP o 1)

Speed at Escape Hyperbola Perigee (from specific Energy):

2 g _ (yPARTH 2
VP o0
P

Speed Increase (acceleration)
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= Example: A spacecraft is launched on a mission to Mars starting from a 300-km circular parking orbit.
Calculate:

the delta-v required,

the location of perigee of the departure hyperbola,

the amount of propellant required as a percentage of the spacecraft mass before the delta-v burn,
assuming a specific impulse of 300 s.

oy = ]‘327(1011 } I-;maf,f’::,2 Rearih = 149.6(106) km

Problem data:

Uears = 398.600km’ /s Rytars =227.9(10°) km
the hyperbolic excess speed is: Ve = ,.f"f Hun ( ,.f"f 2Rvars 1) — :2.943km/s
\-’ Reartn \" Rearth + RMars

- . . o | Hearth f-"3 98,600
- . .= .'l — !
The speed of the spacecraft in its 300-km circular parklng orbit is: v, \!, Fows + 300 \! 6678

/ )
The speed at the escape hyperbola perigee is: v Zfz Voo + :J]
P Vi

the delta-v required to put the vehicle onto the hyperbolic departure trajectory
is:

Av=3.590km/s

—7.726km /s
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The location of the perigee is found from the hyperbola geometry:

& 1
e ,,’ o ) —1 - ]
Yiﬁ:g V;Ebairtlt ﬁ = COS ( l /f’) ﬁ = CO0S§ 7}}71}002
A 1+
; Hearth
[=29.16°
<——aeF'
‘._\ Empty focus
\ * Since the parking orbit is usually prograde, the
i departure is from the dark side.
T Vearth T Vearth A A
i v Am
— =1 cxn( ) —=10.705
Parking orbit ' ' Parking orbit m lsp8o m
& Departure hyperbola g

|

Sun Sun
- B —
Perigee
. l_—/’
Dark side 29 90

Perigee

2020 Lightside

Before the delta-v maneuver is over,
70% of the spacecraft mass must be

propellant.

il
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L Note on Timing: Knowledge of time of flight is necessary in order to start the interplanetary
maneuver so that the spacecraft reaches the SOl of Mars when Mars is there. This requires the use
of Kepler’s equation, Lambert’s theorem and the Ephemeris of Earth and Mars (from JPL spice

site).
= Time constraints may require “phasing” of the parking orbit, the necessity of alternate Heliocentric
trajectories, or even indirect paths through sphere of influence of different bodies prior the arrival

to the target planet (Fly-By).
= The Hohmann transfer has the following

properties:
* Semi major axis
T + 7
ay, = L —MARS ~ 189 x 10° Km
* Half Period

2 3
P _ /”ﬂ ~ 959.34d
2 Py

= Mars orbital period =1.881Y = 686.565 d

» Location of Mars at Departure (135.9°
from rendez vous)
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O Capture Trajectory: Assuming that the Hohmann apohelion coincides with the entrance in Mars

SOl at this point the spacecraft should enter a hyperbolic orbit around the target planet.

Sphere ofinfluence

i
Planet 2's orbital track |

To the sun
R T A SIS MR ) G SRR

a0dwAi sy

Va
- ..L....“.“....‘.*‘..u,u

Vao,r@ | ]

A

Aproacthperbolaﬁ

Vo

" Soft Landing

= Several options exist based on the mission:

* Planetary Fly — By (see more later)
* Soft (hard) landing
* Planetary Capture

= Planetary Capture: this case implies a transfer from hyperbolic capture to a parking orbit. We
assume a transfer change at the periapsis of the hyperbola, into a circular orbit around Mars

r

wou _ [Msun . _BARTH . \MARS _
A - a r »YSUN
HOH  "MARS

Fsun MARS __ . MARS HOH

—=tn v =0 —v

r o0 A
MARS
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= This case shows the arrival AHEAD of the SOI of Mars (one possibility, depending on the planet
location with respect to Earth). The other is a BEHIND arrival (see later)

’ 'vd V,a
’ e e i 2M T
’ P o — ’UMARS — /UMARS . SUN FEARTH
(0. ¢]
— 7 TMARS —I_ TEARTH TMARS

* The minimum energy transfer to a parking
orbit is achieved at the periapsis of the

iperbole
di cattura

\ hyperbola
\
! HYP __ _ MARS __ .
) . "o = Toapxk = “Qpyp (eHYP 1)
sfera di \\\ verso il sole /Y
influenza . i M MARS
e Ayyp = — 2
SN (. ) ( MARS)
v
0

= Parking Orbit Speed: = Speed at Capture Hyperbola Periapsis (from specific Energy):

MARS __ HYP ZMMARS [, ,MARS 2
PARK Up o HYP Vs
r
P
HYP MARS .
Av, = v — = Speed Decrease (deceleration)

@ 2 — P PARK
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= Some considerations about aiming radius and angle of hyperbolic arrival

|
|
! Sphere ofinfluence
|
|

Planet 2's orbital track | |
|8
Asymptot _—

1 |
—— C
P/

N | i-l\']'\_\- trajectory

Capture orbit_/

oydurdsy

To the sun

Target Circle ~_
=

Voo

Locus of
periapses

Knowing the hyperbolic excess speed and periapsis

[voo T

MARS HYP]

P

We can find eccentricity and angular momentum of

L]
/.
/ SOI Periapses of
J approach
U | \Chyperbclas
) \‘
| ;0 e
| T T
Y £
[ TR A the hyperbola
\\ \“ N Ta N 9
\% Target planet ‘\ e
&u ¥ 3 A e = l
]
1 h= 1
§=2sin"" : A=——n0
Ha
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= Example: After a Hohmann transfer from earth to Mars, calculate:
* the minimum delta-v required to place a spacecraft in orbit with a period of 7 h
* the periapsis radius
e the aiming radius
* the angle between periapsis and Mars’ velocity vector.

Rearn — 149.6(10%) km

Ryars = 227.9(10°) km
'Mars — 3396km

fgun = 1.327 (10" ) km? /57

*  Problem data: 5
fingare —H2.830km? /57

_ 'm IR . ,
* Hyperbolic excess speed: Ve [ Hsun (1 xﬂ) —2.648km/s

‘\'fl RMars \'J Re-ar[h +RMars
2/3
25.200+/42,830\ "
* the semimajor axis a of the capture orbit from Kepler’s third law: a = ( : 2y : ) = 8832km
* the eccentricity of the Mars parking orbit is:
y 2ingars | 2l e 2-42.830
a=—"- q = M o= Mars | _ S 1=0.3833
e ve® L+e ave? 8832 -2.648°
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I T58.1° 5 * Av necessary to achieve Mars parking orbit:

f o /
Av =V \x‘f —*- 2.648 \x‘x ﬂ -

To the sun

* The periapsis radius is:

2 | e 2-42.8301 — 0.3833
J“Mars e »
= = . =|5447km|
' 2 l+e 2.648% 1+0.3833 m

Voo

Viars = 2413 km /s l

* The aiming radius is:

v, =2.648 km/s

/ 2

— 5447/ ——— —[9809kn
V103833

2

/
A=rp \fﬁ |

* The angle to periapsis is:

Note: the approach could also be made

= cos ! % — cos ! — l —— | =[38.09° from the dark side of the planet instead of
5447 -2.648 the sunlit side. The approach hyperbola and
HMars 42.830 capture ellipse would be the mirror image of

that shown.
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L Planet Fly — By (Also called Gravity Assist):This is a common maneuver to achieve:
= Change of trajectory

* |ncrease of Decrease of spacecraft energy (by changing the speed with respect to the Sun).

= A spacecraft that enters a planet’s sphere of influence and does not impact the planet or go
into orbit around it will continue in its hyperbolic trajectory through periapsis P and exit the
sphere of influence. After its planetary fly-by may gain or lose its energy depending on
whether it passes behind or ahead of the planet. The gain or loss of energy is caused by the
rotation of the spacecraft’s velocity vector with respect to the planet.

To the sun

Tus = Fly-By Ahead of the planet

V- vy
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V@ - Planet inertial velocity

V'~ Spacecraft inbound inertial velocity

V + Spacecraft outbound inertial velocity

V.; Spacecraft inbound velocity relative to
Ta_rggt Planet the Planet
\2 vj; Spacecraft outbound velocity relative to
""" thePlanet

= The Fly-By ahead of a planet reduces the inertial speed of the spacecraft, essentially
slowing it down, in addition of changing the direction of the velocity vector of an amount 0
depending on the particular hyperbola selected. This is the case of a Fly-By to an outer
planet, which has a Heliocentric velocity higher than the Hohmann velocity of a spacecraft.

= Note: Fly-By ahead can be performed s

from the dark side or the sunlit side

depending on the arrival direction and

the request for a prograde (west-east) P o s Venus' obital tack
Apse line =" - i !

or a retrograde (east-west) parking of ()
orbit

To the sun

3,73 km/s

&

L ] ‘ Q 554°
h CU’GG 3.73 km/!
| 3.73 km/s ~ : 3
| f . “Apseline
@ 48.2 of (ii)
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Fly-By Behind the planet

&

The Fly-By behind a planet increases
the inertial speed of the spacecraft,
essentially speeding it up, in addition
of changing the direction of the
velocity vector of an amount 0
depending on the particular
hyperbola selected. This is the case

of a Fly-By to an inner planet, which
has a Heliocentric velocity lower
than the Hohmann velocity of the

@ spacecraft.

To the sun

g

Energy Reducing
Passing in front of the object

S v (1)

Energy Increasing

AN & e
, : Passing behind the object
N :
AN

: '
Spacecraff at SOI 4"
. L4 .

Final Heliocentrie Velocity - -+ -+~ -

o .‘;'C.lll;{.il'].é.(]fpl.ﬂl.le.[. P

4

s

P . Velocity of Planet
v N . -

v (t) :
NN Spacecraft af SOI

- - - ‘Final Heliocentric Velocity_ - = -+ .. .

: L) D
v, (1) : ’ ( 0. (1)
: A’ ; ’

Velocity of Planet” © "~ 7" 7
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V@ - Planet inertial velocity

V'~ Spacecraft inbound inertial velocity

V + Spacecraft outbound inertial velocity

‘V.; Spacecraft inbound velocity relative to

the Planet
v¥  Spacecraft outbound velocity relative to
""" the Planet
‘<]52°‘
= Note: Fly-By behind can be performed 373 ks S
from the dark side or the sunlit side
depending on the arrival direction and
the request for a prograde (west-east) P f,/ = Venus'orbital track
or a retrograde (east-west) parking oo © |
orbit . |
. 55.4°
3.73 ks (A—;%E}G 3.73 km/s
PAY Yy pof(ii)
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= Note on velocity changes:

—

) ) B . cosd —sind| , .
Vf — Uplanet = Rl(‘ﬁ) (?Ji o T}Pm?wt) % I’ } (

. ¢ ’{J'—ﬁg t +’{_fg t
sind  cosd 3 planct) + Uplane

Example: If § = 180° and ¥; = l_go] km/s and ¥, = [200} km/s, then

vy = R(180°) {_(A)1 0] km/s+ IQOO] km/s = ﬁ? ] km/s+ 1200} km/s = [6(;) ] km/s

Thus a probe can potentially triple its velocity!

Energy Increasing (pump up)
. AV
{ G Vsa

o ij:+ -l.

e

Vsat
Energy Decreasing (pump down)

To Saturn
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J Transition to Ecliptic Plane: Most planets orbit around the Sun on a plane (Ecliptic), Pluto is a
notable exception. Most launch sites do not put a vehicle in orbit directly on the Ecliptic plane,

thus a non planar orbit change may be required. The transition implies satisfaction of two
objectives:

= Qut of Plane transfer (change inclination)
=  Computation of Launch Window

- = Transition must occur when the orbital plane and ecliptic
| celestial planes interSECt-

| pole
= Any orbit about the Earth passes through the ecliptic twice

mme per orbit.
___E-J-Iflj-:e

% But not at the ascending node (w. r. t. the equatorial
plane).
% But not at the correct time.

i South
| celestial
| pole

= QOrbital Parameters of interest are:
| * 2= Inclination (typical target 7 = 23.5 deg.)
e () =Right Ascension of the Ascending Node (RAAN)

= We know that simultaneous change of zand Q is preferable from

H-E T} propellant consumption standpoint




Automation and Robotics
Laboratory

A3 Interplanetary Flight m

Expanded triangle

EQUATOR

== @,n) —i

-

Our desired orbit has
e i5 = ¢ = 23.5° - Inclination to the ecliptic
e Q9 = 0° - by definition: ) is measured from FPOA (intersection of
equatorial and ecliptic planes).
If our initial orbit has inclination z; and RAAN €2;, then the angle change is

cos = cos iy cosia + sinidy sinig cos(2a — Q1)

= The position in the orbit is then given by: = The Avis found as

cos 7, cos ) — cos, 0

Av = 2vusin —
d vsin o

cos(w +v) =
( ) sin z'l sin @ A
Y
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O Problem: Design an Earth-Venus rendez-vous. Final Venus orbit should be prograde of altitude
500km.

= Launch Data: Launch from Cape Kennedy into a circular orbit with altitude 200 Km.
Lat = 28.5%, Long =-80.55% A, ., =320, Az, = 112°
cosi = cos(Lat)cos(Az = 3) 45° < i <109.22°

= Initial orbit: i = 55°, Q, (RAAN) =0°, r =6578 Km, e = 0.

v =" = 77843 Km / sec;P = 1.4741h
T

= Final orbit on the Ecliptic Plane: i = 23.5°, Q, (RAAN) = 450, r = 6578 Km, e = 0.
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= From spherical trigonometry: cosf = cos iy cosig + siniy sinig cos(22 — Q1) 4 = 40.8°

cos(w +v) =

COS 7, COS 6 — cos i,

sin il sin @

v =154.44" |Av=2v sing = 5.4368 Km / sec

=  Select a Hohmann Transfer to Venus: most of the travel is around Sun

Planet 1
at arrival

at departure

Heliocentric elliptical
transfer trajectory

Planet 1
at departure

* Heliocentric velocities of transfer orbit
(perihelion and aphelion), from energy

r =1AU a=0.8615AU []=293.09d
ro= 0.7234U e = 0.1608

fuf = vp = \/Q,usunr (7‘T1 ) = 37.73km/s
’U;— = Vg — \/Q,Usunr (?ﬂ?‘:» ” ) = 2729]6?71/8

Earth velocity around the Sun is given
by: 29.78 Km/sec
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* The escape velocity from Earth is therefore:

Vooe = Vg — U, = 27.29 —29.78 = —2.49km/s

3

= Hyperbolic Escape from Earth: The energy at the end of Earth’s SOl is then

1

sun By = jvl,. = 2,067

2
CO,Ee

* Recall the velocity in the parking orbit:

vo= ,f’u—E = 7.7843 Km / sec
park r

* Since the energy is constant, we can find the
velocity at the burn location (perigee):

1 e
E=-v}, — -t = 42067
2 I'park

= \/@30,6 to-te —11.195km/s

Tpark

Ave = Up ¢ — Upgrk = 3.4106km /s
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* Assuming counterclockwise orbit of the spacecraft, and knowing that the same
holds for Earth’s motion around Sun, the Hyperbolic path should be on the light side
of the Earth

=  Burn timing: The burn into hyperbolic escape should
occur before noon where the angle Jis
" 1
§=2sin ! =
* The orbital parameters of the Hyperbola can be found from
energy considerations

H H
1,2 _ — _ S
SV, e = 2.067 = — 2= a=— =55 = 96, 420km

2
00,€E

Tpe =Te =0a(l —e) =6578km e=1-— T};’e = 1.0682

0 = 2.423rad = 138.83°

Thus the spacecraft should depart at §/2 = 69.4° before noon

L]
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= Venus Arrival: The arrival is programmed for 145.54 days after departure (half period of
Hohmann ellipse.

* The spacecraft excess velocity with respect to Venus is given by:
Voo = Up — Uy = V7 — v] = 37.81km/s — 35.09km/s = 2.71km /s
00,V p v 1 1 : . .
Where Venus velocity with respect to the Sunis: v = v, = A /E
(T

And the Perihelion velocity of the Hohmann transferis: v = 37.81 K'm / sec

Because v, > 0, the spacecraft will approach &
Venus from behind. 3.73 knis

To the sun
o Spacecraft is catching up to planet (not !

vice-versa)

L The baCk door 92;—(—————————————__:;—, S <-—--+Venus' orbital track

Apse line =™ -
o O

373 kn/s

@
! 55.4°

36
373 ks R_~> 3.73 km/s

f . “Apse line
48.2 of (if)

L]
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* VenusData: R, = 6187km, p, = 324859, ayenus = 1.08 - 103

* We want a prograde (counterclockwise) circular orbit around Venus with radius r, = 6187 +
500 = 6687 Km, therefore the approach to Venus is from the dark side of the planet

iq v“‘?’,_ ————————————
| <=
A * For orbital insertion, we want to perform a
', retrograde burn at periapsis of the incoming
I hyperbola.
_ * To achieve the desired circular orbit of radius, we
; need the periapsis of our incoming hyperbola to
occur at
=9 rpw = a(l —e) = 6687km
to Sun * The arrival Hyperbola parameters can be found
from energy
E- i 347 p
— plew T a=——"— =—44,232km
Uin_f,,v

e=1—"2 115

@ a
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» Target Radius control (distance A and angle 0) to achieve correct capture
Hyperbola can be done using property of angular momentum

Target circle !
/

Sphere ofinfluence

_. To the sun

Asymptote

Locus of Voo
periapses

o

A smaller target radius A implies
smaller eccentricity (closer to
parabola), since energy is fixed by a.

T.ur:.'erg-'.l:uh-l 5

52 2
Uoo,v
v P= —

Ho Hoy
a = —44,232km and e = 1.15, we get p = 14, 265km.

1 — e2
A [ JU s on gk S — L goar
rv‘] Vo0 Vo 2 e=1.15
1=

2
*  From the definition: h =rxv = ‘h‘ =A-v_ "
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= Venus parking orbit insertion: from energy applied to capture Hyperbola

2
v= [ B 10.223km /s

Ve = v/HoTpp = 6.97km/s

Av = 6.97 — 10.223 = —3.253km/s

= Total Propellant Effort:

* Inclination change: 5.4368 Km/sec
* Enter Hohmann transfer: 3.4106 Km/sec
* Enter Venus parking orbit: -3.2530 Km/sec

Av =12.1004km / sec

= Alternate Procedure: Aero braking Assist

1 = Hyperbolic Approach

2 — Atmosphéric entry Atmosphere limit

N\

Desirad arbit

w 5 — Corrective propulsions
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=  Problem: Hohmann transfer Earth — Jupiter. Search for the best gravity assist.

. — T__ 1335 M Graaty 2esist
= Hint: Uy = Uy = \/2;1.,.,.,,”,, = = 7.414km/s it e BN R
T? (Jrf _|_ T'ﬁ) y e " ? i
>V
ﬁplanet =y = % = 130573;?7?1/8
J

Since this is an outer planet, we approach from the
front door. In the Jupiter R — T — N frame we have

- 7.414 - 13.0573
V; = 0 ) Uplanet = 0
The velocity of the spacecraft relative to Jupiter is Vo, = 0; — T, = [_5‘8429]

Jupiter Data: Radius r; = 11.209F'R; Distance d; = 5.2028AU;;
i = 317.938 .
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The velocity of the spacecraft relative to jupiter is

—5.642
Voo = U; — Tp = [ d((; 9] km/s

Thus we can calculate the energy of the hyperbolic approach as

_—lLH
”'Ji - {"p“2

a= = —3.98EGkm
The closest we can approach jupiter is its radius. If we use this for periapse, we
get

e=1-"14 1018
a

The eccentricity yields the maximum turning angle as

1
d = 2sin" ! (E) = 158.44°

Applying this rotation (light-side approach), we get

- [cos d —sind

o= 18.305
f = |sind cosé

] (U; — 'Uplanct) + ’Ef‘planet = [2076

The magnitude of the Av from this flyby is 11.01km/s. A factor of 2.5.

Note that if we could have reversed our direction of flight (clockwise approach),
we could achieve a Av = 20.05km/s.
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*0tEarth 20 Aug 77 17eheed Voyager 1

= 35
€ Neptune
£ 30 25 Aug 89
S Uranus
£ 25|\ 24 Jan 86
o
€20 K
O
515 \  Satum Voyager 2 velocity
S 25 Aug 81
|9
% A Jupiter
T g |9Jul79

Solar system escape velocity

1,160,701,006km

0
0 5 10 15 20 25 30 35 40
Distance from sun (astronomical units) 1998-01-01 Voyager 2

7 _1.' (mfs ' g D _'l._..i?l:.m
r = 15.9km, 1,445,005,97 3k
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Links: Additional videos by Alfonso Gonzalez - Astrodynamics & SE Podcast (using Python)

Gravity Assist

Lambert's Problem
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O Example: Messenger Spacecraft interplanetary Mission  Messenger

- *  First mission after Mariner X in 1975
BILLIO

R : * Planet mapping < 100 m resolution, elemental and
ey~ 4 HoTS chemical composition of surface

255,858 b, At * Radar reflecting materials properties

* Planet’s magnetic field, libration and gravitational field
* Launch: August 3, 2004
* End of mission: April 2015, planet impact

DSt [LVA) thruster Sclar panel

Back phased
anaytarbeam/
low-gain ardeanas
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= MESSENGER is well protected against the heat, but it must always know its
orientation relative to Mercury, Earth, and the Sun and be “smart” enough to
keep its sunshade pointed at the Sun. Attitude determination — knowing in which
direction MESSENGER is facing — is performed using star-tracking cameras, digital
Sun sensors, and an Inertial Measurement Unit (IMU, which contains gyroscopes
and accelerometers). Attitude control for the 3-axis stabilized craft is

accomplished using four internal reaction wheels and, when necessary,
MESSENGER’s small thrusters.

= The IMU accurately determines the spacecraft’s rotation rate, and MESSENGER
tracks its own orientation by checking the location of stars and the Sun. Star-
tracking cameras on MESSENGER’s top deck store a complete map of the
heavens; 10 times a second, one of the cameras takes a wide-angle picture of
space, compares the locations of stars to its onboard map, and then calculates
the spacecraft’s orientation. The Guidance and Control software also
automatically rotates the spacecraft and solar panels to the desired Sun-relative
orientation, ensuring that the panels produce sufficient power while maintaining
safe temperatures.

=  Five Sun sensors back up the star trackers, continuously measuring MESSENGER's
angle to the Sun. If the flight software detects that the Sun is “moving” out of a
designated safe zone it can initiate an automatic turn to ensure that the shade
faces the Sun. Ground controllers can then analyze the situation while the
spacecraft turns its antennas to Earth and awaits instructions —an operating
condition known as “safe” mode.

L]
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10. First Mercury Orbiter

Table 3 Current AV allocation

= Critical Issues: High level of

.. L. AV budget category AV, m/s
radiations due to proximity
. DSMs 1008
to Sun. High maneuver Launch vehicle, 121
. navigation errors (99%)
energy required for MOI 867
OCMs 85

Hohmann transfers (classical : _
Contingency 169

ri Tl and bielliptic, due to Sun’s Total 2250

= gravitational pull)
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Animation vimeo.com

Another Messenger Animation
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Earth at Mercury
Orbit Insertion

Venus Flybys 1 and 2 \
(3324 and 300 km aliiiu\:!\e)

DSM = Deep Space Maneuver

~ _Mercury ~ .
Orbit

Earth Flyby

Mercury Orbit
Insertion (MOI)
AV =0.868 km/s
Mercury Flyby 3
(200 km altitude
- all 3 flybys)
Mercury Flyby 2
Mercury Flyby 1

Launch

- /3 = 16.4 km?/s?
S e -

— o ——
DSM 1 DSEM 2 DSM 3 DSM 4 DSM 5
l l MOI
B+ 05 hotot 0t 0
8/03/04 8/02/05 10/24/06  6/5/07 1/14/08  10/6/08 9/29/09 3/M18/11
Earth Earth Venus Venus Mercury Mercury Mercury Mercury

Mercury

Orbit
Insertion

= Snapshot of Earth-Moon from
183million Km

view from Earth view from Sun
(start of 1* science orbit) (start of 1* science orbit)
#Norih MOI-1 A North

AV=8172mis smooth area
07:30:00 UT . not imaged by
Mariner 10

23:28:45 UT
20 March 2011

orbit 5
{12.0-hr period,
80° orbit inclination,
200-km min altitude
over 60° N latitude)

" MOI = Mercury Orbit Insertion -~
EST = Eastern (U.S.) standard time
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Earth at Mercury
Orbit Insertion

Venus Flybys 1 and 2 \
(3324 and 300 km altitu\d\e)

DSM = Deep Space Maneuver s -

8/03/04
Earth

Mercury Orbit
Insertion (MOI}
AV =0.868 km/s
Mercury Flyby 3
(200 km altitude
- all 3 flybys)
Mercury Flyby 2
Mercury Flyby 1

~ _Mercury ~ ’
Orbit

—="" Earth Flyby
(2347 km altitude)

Launch
Cs = 16.4 km?%s?

— -

DSiVI 1 "DSM2 DSM3  DSM 4 DSM 5 ol
BB a0 Lot et o0
8/02/05 10/24/06 6/5/07  1/14/08 10/6/08 9/29/09 311811
Earth Venus Venus Mercury Mercury Mercury Mercury
Table 2 MESSENGER launch options for 2004
Month
Month March May Aug. (final)
Launch dates 10-29 11-22 30 July-13 Aug.?
3 Aug.
Launch period, days 20 12 15
Launch energy, km?/s’ <15.700 <17.472  <16.887 (16.388)
Earth flybys 0 0 1
Venus flybys 2 3 2
Mercury flybys 2 2 3
Deterministic AV, m/s =2026 =2074 =1991 (1966)
Total AV, m/s 2300 2276 2277 (2251)°
Orbit insertion date 6 April 2009 2 July 2009 18 March 2011
Final launch period started on 2 August because of delays in availability of launch
facility.
"Lower total AV reflects reduced propellant load required to meet spacecraft launch
weight limit.

Launch to achieve hyperbolic
escape with energy C; = 16.4

launch above northern Asia
August 3, 2004

2:16 am EDT,

time ticks every 5 minutes

MESSENGER
Launch and

Earth Escape

______ N L
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= Snapshot of Earth-Moon from
183million Km

= Earth Fly By after 364 days from
launch

MESSENGER

Earth Flyby

August 2, 2005
31308 pmEDT Sun to Earth

(closest point) i .

no solar eclipse

Earth northern hemisphere

Fsun

T

10 minutes

-

August 2, 2005
3:13:08 pm EDT
2348 km altitude

spacecraft maximum speed relative
to ground = 10.823 km/s

______ N L
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= First Venus Fly By

Earth to Venus
Earth

Orbit
Venus
Orbit
* DSM 1
Sun
Venus
Flyby 1
Earth
DSM = Deep Space # Launch
Maneuver Earth Flyby
DSM 1
& e 3
8/03/04 B/02/05 10/24/06
Earth Earth Venus

2.7 orbits of the Sun

view from Sun to Venus

Qctober 24, 2006
4:34 am EDT
(closest point)

spacecraft
time shown

exit eclipse
5:48 am EDT:

e R +Norlh enter eclipse
; 4:53 am EDT

.QS minutes

spacecraft time
shown

15 minutes

4:34 am EDT
2987 km (1856 mi) altitude

| .
s s E =
Earth 4—— l .
Sun -—— enter
24 October 2006 3 eclipse

Venus northern hemisphere

Earth occultation
enter

ay/night
terminator

MESSENGER
First Venus

Flyby

Minimom altitnde (approximate since the sorface is not perfectly mond) above Venns:
293873 kilometers (1,856 2 miles) on October 24, 2006 8:34 am UTC

Maxzimum spacecraft speed relative to center of Venns:
123935 kilometers per second (7_702 miles per second or 27,726 miles per hour)

Distance from Earth and Son (1 AU = averape Earth-Son distance):
Earth-spacecraft: 1. 7163 AU (25675 million kilometers, 159 54 million miles)
Son-spacecraft: 0.7222 AU (108.05 million kilometers, 67136 million miles)
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= Second Venus Fly By

Earth to V/ spacecraft time Venus northern hemisphere _
a IOEEI'T(henUS shown Earth g ter eclipse
Orbit e .
Venus _eXIt
Qrhit
R\t
*DSM 1 \&v v
= 5 June 2007
Sun S‘l‘; 7:08 pm EDT
Venus day/night 338 km (210 mi) altitude
\ F@b;d terminator
Earth
DSM = Deep Space #Launch
Maneuver Earth Flyby
DSM 1
a—a ' )
B/03/04 8/02/05 10/24/06
Earth Earth Venus
2.7 orbits of the Sun

Minimum altitnde above Venuos:
338 2 kilometers (210.1 miles) on Jone 35,2007 11:08 pm UTC

MESSENGER
Second Venus

Maximuom spacecraft speed relative to center of Venus:

13531 kilometers per second (8 408 miles per zecond or 30,268 miles per honr)

Flyby

Distance from Earth and Son (1 AU = average Earth-Sun distance):
Earth-zpacecraft: 0.7345 AU (109 87 million kilometers, 68 27 million miles)
Son-spacecraft: 0.7222 AU (108 .04 million kilometers, 67.14 million miles)
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= Venus to Mercury

______ N L

Venus to Mercury
; Earth
Orbit
Venus
Orbit
Mercury
/ Flyby 1
Sun @ "'.I
Venus Flyb:.'s ] f
Tand 2 ™ A
] ercury.
DS 2 Orbit
DSEM = Deep Space o
Maneuvar
DEM 1 DSIYI 20
B304 8/02/051 24)06\?!&0? 1-'14!08 1
Earin  Earth  Venus Yenus Mercury v
2.4 arhits of the Sun

spacecraft time view from above Mercury north pole
shown day/night / Sun
line 2 Mariner 10 images
S~ spacecraft becomes Y Earth (@bovedashediine)
MWigg . visible from Earth >

no images for smooth area

S e January 14, 2008
enter ~ 2:05 pm EST _
201 km (125 mi) altitude

eclipse exit

MESSENGER
First Mercury
Flyby

MESSENGER
First Mercury
Flyby
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= Venus to Mercury Fly By’s

spacecraft View from above Mercury’s north pole

time shown day/night Y / -
L smooth area

i d
by Mariner 10 - MESSENGER

5 minuteg Second Mercury
e Earth/ 4" October 6, 2008 Flyby
‘W— 4:40 am EDT
spacecraft in eclipse 199 km (124 mi) altitude |
spacecraft time view from above Mercury’s north pole
shown =

day/night

N ’Sun
e X smooth area not imaged by

A line
) o~ i
’th}l N Mariner 10 or MESSENGER
{G’\S‘ Earth -e— )
. enter Earth Y
o S o MESSENGER
/ —4"" September 29, 2009
- — 5:55 pm EDT -
spacecraitin eclies 226 km (142 mi) altitude Third Mercury
Mercury Flybys F|yby
ry Ea%h Y
Orbit Mercury Orbit
Vo _Insertion (MOI)
// Mercury Flyby 3
-~ ~" Mercury Flyby 2
= =
Earth at 7 ol ///Morcury Flyby 1
Mercury o / Yo"
Orbit [ Sun Y
Insertion |
DSM \_ - Mercury
3 N Orbit
-
DSM -
DSM = Deep Space - 4 ng
- Maneuver
= DSV 2D§M3DSM 4 DSM5 Mol
e YT |
10/24/06 6/6/07 1/14/0810/6/08 9/30/09 3/18/11
Venus Venus Mercury Mercury Mercury Mercury
10.2 orbits of the Sun
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= Mercury Mission

view from Earth view from Sun
[STIE:‘EFt o}f 1# science orbit) (start of 1* science orbit) _
4North MOI-1 4 North '
AV = 817.2 mis Mercury

G smoaoth area -
07:30:00 UT ~ not imaged by Orbit

18 March 2011 Mariner 10
Insertion

B

MOI-2 (red]
AV =497 mis
232845 UT
20 March 2011

arbit 5
{12.0-hr period,
807 orbit inclination,
200-km min altitude
over 60° N latitude)

' MO = Mercury Orbit Insertian . _
EST = Eastern (U.S.) standard time

Maneuver Time, AV.," Earth-spacecraft Sun-spacecraft Sun—spacecraft  Sun—Earth—
segment Date hr m/s range, AU range, AU -AV, deg spacecraft, deg
Requirement— (78-102) (=3)
OCM 1 start 15 June 2011 1129:20 4.22 1.319 0.311 96.1 3.3
OCM 2 start 16 June 2011  1806:18 26.35 1.314 0.313 99.6 4.8
OCM 3 start 09 Sept. 2011 1207:57  3.92 1.097 0.308 86.0 16.1
OCM 4 start 10 Sept. 2011 1842:20 24.18 1.129 0.309 93.8 153
OCM 5 start 05 Dec. 2011 1244:25  3.59 0.683 0.308 82.1 3.2
OCM 6 start 06 Dec. 2011 1916:13  22.22 0.693 0.309 89.9 6.0

A0rbit phase total AV =84.48,
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=  End of Mission

orbit prior to latest projected impact
30 April 2015
95.7° N latitude at lowest altitude

orbit two years after MOI
18 March 2013
83.9° N |atitude at lowest altitude

Latest potential orbit
MOI = Mercury Orbit Insertion ‘ ‘
XM = Extended Mission

orbit one year after MOI

18 March 2012
73.6° N latitude at lowest altitude

tN

' orbit after Mercury orbit insertion

18 March 2011 UTC
60.0° N latitude at lowest altitude]

First orbit

XM1 start
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= ESA Bepicolombo Mission

Inte planetary cruise (Onigin = sun; System = mean ecliptic of epoch 2000)

12 —I = -
Ear
1F R e . Yen
= pe ! Mer

0.8 ~_ | — Coast
SEP

Puosition Y-coordinata (AU)
1
(=]
T

19 o Ear 201507/26

=12 y ; : : 4 4 ;
=12 =1 =08 =06 =04 =02 0 02 04 06 08 1 12
Pasition X-coordinate (AU)
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Maimeri

Dawn
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planets.

= Euler 1771 Earth-Moon-Sun
= Orbit of spacecraft near target planets

= Recall the 2 - Body problem:

L Consideration: Two — Body problem gives an
approximate analysis of motion, especially for (but not
limited to) the trajectory of a spacecraft with respect to

4 M, 7 m;
4 . T F,
R, AN =7 R, l

Rr_; r na I"1J My

. . R, R,

* Inertial dynamics of each mass w.r.t. the . .
other <o 0
iR, = &, A s
my 1 = X Inertial frame of reference
) (fixed with respect to the fixed stars)
m?_Rg = —
* Relative position of mass 2 w.r.t. mass 1 * |nertial Motion of Center of Mass
r=R R R — iR Ry
7 m| + mia ~ ~
. ) mR, +mR, =
m Ry + maRs T 2
vg = Rg =
my + pip Rg; = R(}'ﬂ + vt
i G — p —
= ¢ mi + my
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1. The center of mass moves in a straight line at constant speed, and can be used as origin of an
inertial system

2. If m; >>m, the motion is called Central Force Motion and the mass m, can be considered as
origin of an inertial system, i.e. 7= R, - R= R. T m

iy

Path of iy

Nonrotating frame
attached to m

Path of &

Path of m, X i ~a

Circled points are where the
paths cross the XY plane

Inertial frame

Zz my G M3

nty

3

?e/ f’ml

MNonrotating frame .
attached to G - P l'ml

e ——

Circled pDint;aIc where the

\\\pjlhs cross the XY plane
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=  The general solution to the three-body problem must be obtained numerically, and even with
these tools, the solution is chaotic: that is small changes in initial conditions lead to widely
diverging behavior.

= Circular restricted 3 — body problem: two primary bodies moving in circular orbits about their
common center of mass, plus a third small mass with negligible gravitational influence.

z = Consider the motion in the moving reference

" frame and the Earth — Moon system (see Wie’s
text for complete derivation)

™. _ Comoving xyz frame (2, 0, 0)
T — -~
——— iy X

* Constant Angular Velocity E-M system:

n= \/G(Ml + My) /D3 * Earth - Moon Data:
¢ (1 = GMy = 398,601 km*/s>  Di = 0.01215D = 4674 km
n=2661699 x 107" rad/s s = GM, — 4887 km?/&? Dy = 0.98785D = 380.073 km

ri Tl Ny pp = 2.6944 x 106 My = 81.3045M;
D = 384,748 km
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* Inertial acceleration of a mass m in a moving frame with angular velocity Q and center of mass G

R=a,+QOxR+Qx(QxR)+22xv,,, +a,,

* Inour case, the center of mass has constant speed, the moving reference rotates at constant angular
velocity, and the masses )M, and M, move in circular orbits, thus:

a, =0 .
: R=QOx(Q2xR)+2Qxv

N=0= Q =nk = const rer T Qi

* Incomponents:

.o

R = (X—QnY—n2X>i—|—(Y—|—2nX—n2Y)j—|—Zk
X —2nY —n’X

Y +2nX — n2Y

5

GMlm GMQm
— r — r

3 1 3 2

7’1 T

2
n=—Di+R=(X-D)i+Yj+7k
r,=D,i+R=(X+D,)i+Yj+Zk

*  From Newton’s Law: .
mR =

L]
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* Equating the components:

.. . X—-D X+D
X_Qny_HQX:_IU/l( - 1)_1““2( - 2)
n T
<Y+MX—MY:—ﬁ§—%f
n T
Z:_/’le_MQZ
3 3
n T

*  Multiply respectively by X, Y, 7 and add, yields:

XX+ VY + 72 — n®XX —n*YY = —(u1 /r})[(X — D)X + YV + ZZ]
— (2 /r3)[(X + D)X + YY + ZZ]

* Integrating with respect to time, obtain a constant of motion called Jacobi Integral:

[ w2 w2 520 15 5 5 .
;{X +Y +Z )—;H (X“4+Y")—(u1/r1) — (ua/rr) = C
* We can define a pseudo-potential function (gravitational + centrifugal) as:

1,
U = ;;r(xz + Y2+ (/1) + (ua/r2)
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* Then Jacobi’s integral and the equations of motion can be written in compact form as:

C:%(X2+Y2+Z'2)—U

oy = 2U
0X
1y 4 onx = 2U
oY
59U
o0z

U Question: is there an equilibrium solution for the problem?

* Introduce the mass ratio of Earth — Moon as

My /(My + M>) = p =0.01215
Mi/(My +Mz) =1— p=0.98785

(*) 1V +2X - __d=pV
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* By definition, at the equilibrium all the time derivatives in (*) must vanish, therefore:

Moon’s orbit
relative to earth

There are 5 equilibrium positions for
the mass m called Lagrangian or

Libration Points:

P
//
S/ * Forall points Z = 0:
/
/ 381,600 km L .
x e 3 of the equilibrium points have
—LL“ Apse L Y = 0, they are called collinear
n line points L,, L,, L;. They were
‘\ discovered by Euler
\
\
\ * There are 2 more equilibrium points
\ located at the vertices of two
\\ equilateral triangles discovered by
s
S~ Lagrange and called L, and L.
Libration points X Y Z
L —(.83692 0 0
Ly —1.15568 0 0
L3 1.00506 0 0
r T Ly —0.48785 V32 0
. Ls —0.48785 —/3/2 0
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) Stability of Lagrangian Points: Of interest for spaceflight operations is the stability of the
Lagrangian points

= Example of procedure:
* Linearize equations of motion about the equilibrium X =X +z;V =Y +y,Z2 =27 +2=2
* Use Newton’s binomial expansion to get approximate linear equations
nn—1 nn—1)(n—2
( )xg 4 ( )T( ).1:3

o ; +oo- (I4+2)" =1+npVe <1

(1+x)"=1+nx-+

= Stability of equilateral points M, /(M| + M>) = p = 0.01215
¥ -2y o —3‘5( l)\ 0
— P— — X — p —_ — ..a‘: _ — —
a2 2 W a2+ 27/4)p(1 — p) =0 Ai\/ L V1 =27p01 = p)

373 | 9 2
y v — _ — —V = O
¥+ 2% 5 (,0 2)3( 4.’}

For p < 0.03852 or 0.96148 < p, the four eigenvalues become pure imaginary
numbers, and the in-plane motion is said to be stable.

= Stability of collinear points
X—2v—RLo+1x=0
F42ido—ly=0 A —@=222=Qo+Dlo—-1)=0

{t+oz=0 - . . .
Two real (one positive) and two imaginary roots, the motion

@ is unstable
L=
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O Although collinear points are unstable in nature, the cislunar L1 and translunar L2 points are
of practical importance for future space missions involving the stationing of a communication
platform or a lunar space station. The cislunar L1 point could serve as a transportation node
for lunar transfer trajectories. The translunar L2 point would be an excellent orbital location
to station a satellite to provide a communications link to the far side of the moon.

North L2

= Cis—lunar Transport Habitat (CTH) in orbit near L2

Lagrangian.
= Lunar Ascent Element (LAE) Rendez Vous with CTH. Lo
Moon
= Dynamics and Control for Rendez Vous in near e South L2

rectilinear orbits (NRO) based on 3 — Body problem
not restricted to circular orbits.

Phase 1
r j Circularization
QE from CRO to NRO Rendez Vous LAE - CTH

Phase 2 Phase 3
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O Planetary example: Jupiter — Sun Trojans

The largest Jupiter trojans

Trojan Diameter (km)
624 Hektor 225
911 Agamemnon 167
1437 Diomedes 164
“Trojans? | T N : ' : : 1172 Aneas 143
' 5 o ' 617 Patroclus 141
588 Achilles 135 1906 Wolf
1173 Anchises 126
1143 Odysseus 126

Source: JFL Small-Body Database, IRAS data

Trojan 624 Hektor (at center) is
similar in brightness to dwarf planet
Pluto.
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- Spacecraft ExampIES: NASA has been studying the region around the Earth which protects us

The Wilkinson Microwave Anisotropy from the solar wind. A unique group of five satellites, called THEMIS,
Probe (WMAP), originally known as the are helping scientist to unlock the mystery of how Earth's

Microwave Anisotropy Probe (MAP) was a magnetosphere stores and releases energy from the sun. Three of
) these satellites continue to study sub storms that are visible in the
spacecraft operating from 2001 to 2010

Northern Hemisphere as a sudden brightening of the Northern Lights,

which measured differences across the sky or aurora borealis.

in the temperature of the cosmic Two of the five spacecraft have been sent on a new mission to the
microwave background (CMB) — the moon. This mission is called ARTEMIS, or Acceleration, Reconnection,
radiant heat remaining from the Big Turbulence and Electrodynamics of Moon's Interaction with the Sun.
Bang.[3][4] As the name suggests, the two spacecraft will measure what happens

when the Sun’s radiation hits our rocky moon, where there is no
magnetic field to protect it. As the moon orbits the Earth, it moves
into and out of our magnetic shield. What happens to the moon when
it is within Earth’s magnetic shield?

Phasing Loops

/— Earth

12 to L1 Transfer Orbit

Direction to
Earth

ARTEMIS-P1
Here on August
25th

Swingby

_aé-‘f ection of

maotion

ARTEMIS L1 Orbit =" ARTEMIS L2 Orbit
G-.,___‘-;‘

Moon's Orbit
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L Spacecraft Examples:

- Primary
mirror

Instrument
bay

Secondary
mirror

Sunshield

Spacecuifl control
systems

The James Webb Space Telescope (JWST), previously
known as Next Generation Space Telescope (NGST),
is a space observatory under construction and

L2 orhit

e Fp s scheduled to launch in October 2018. The JWST will
T\ -y AR offer unprecedented resolution and sensitivity from
T—,:w > g _ ) long-wavelength visible to the mid-infrared, and is a
e s IR b, - PR | ccessor instrument to the Hubble Space Telescope
R G| o= V7 0 and the Spitzer Space Telescope. The telescope
iy | Lo T features a segmented 6.5-meter (21 ft) diameter
o ey A < £ primary mirror and will be located near the Earth—
A scios | Tiajctory Sun L2 point. A large sunshield will keep its mirror
frstignt (M 3 safe T I }  and four science instruments below 50 K (=220 °C;

operating temp)
L +59 days

+ 2

days

—-370 °F). It Should launch end of December 2021!!!
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= Sun-—Earth L1

""‘,-,_ I_4 s WIND (spacecraft) (At L1 since 2004
{,’ » The Solar and Heliospheric Observatory (SOHQ)
,f’ « The Advanced Composition Explorer (ACE)
s E = The Deep Space Climate Observatory (DSCOWVR), designed to monitor global warming
i
4 o LISA Pathfinder
/\60° \
et Q —————————————— - .-
L3 \/60° LLL2
\\‘ N
\\‘
\ -
'-\ K
\\
\h.

=  Sun-Earth L2

s The ESA Gaia probe
Planned probes [edit ]

« The joint NASA, ESA and CSA James Webb Space Telescope (JWST), formerly known as the Next Generation Space Telescope (NGST)
s The ESA PLATO mission, which will find and characterize rocky exoplanets.
s The MNASA Advanced Technology Large-Aperture Space Telescope, which would replace the Hubble Space Telescope and possibly the JWST.

L]
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The Milky Way is a barred spiral galaxy that has a diameter usually
considered to be about 100,000-120,000 light-years but may be
150,000-180,000 light-years. The Milky Way is estimated to
contain 200-400 billion stars (2 — 4x 108), although this number
may be as high as one trillion. There are probably at least 100
billion planets in the Milky Way. The Solar System is located within
the disk, about 27,000 light-years from the Galactic Center, on the
inner edge of one of the spiral-shaped concentrations of gas and
dust called the Orion Arm. The stars in the inner =10,000 light-
years form a bulge and one or more bars that radiate from the
bulge. The very center is marked by an intense radio source,
named Sagittarius A*, which is likely to be a supermassive black
hole.
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Local Galactic Group

* Sextans B
- Sextans A

* NGC 3190
- Antila Dwarf

- Canes Dwarf

Ursa Major | -
Sextans Dwarf Ursa Major Il

< . Ursa Minor Dwarf
Bodtes Dwarf Draco Dwarf

Large Magellanic Cloud -
Small Magellanic Cloud " ]
i Sagittarius Dwarf
Carina Dwarf + NGC 185 &
Sculptor Dwarf = NGC 147
Fornax Dwarf

M110 -
‘ Andromeda Galaxy (M31)
*M32

= Andromeda |

= NGC 6822
B 2 . Andromeda Il
Triangulum Galaxy (M33) Andromeda Il

- Phoenix Dwarf - Pisces Dwarf

IC1613+ . Aquarius Dwarf
SagDIG
* Pegasus Dwarf
Cetus Dwarf -
= Tucana Dwarf

-
r ] The Triangulum Galaxy is a spiral galaxy approximately 3 Mly from Earth in the constellation Triangulum. It is
L catalogued as Messier 33 or NGC 598. The Triangulum Galaxy is the third-largest member of the Local Group

The Local Group comprises more than 54
galaxies, most of them dwarf galaxies. Its
gravitational center is located somewhere
between the Milky Way and the Andromeda
Galaxy. The Local Group covers a diameter
of 10 Mly and has a binary (dumbbell)
distribution.

The Andromeda Galaxy , also known as Messier 31,
M31, or NGC 224, is a spiral galaxy approximately 2.5
Mly from Earth. It is the nearest major galaxy to the
Milky Way. Being approximately 220,000 light years
across, it is the largest galaxy of the Local Group,
which also contains the Milky Way, the Triangulum
Galaxy, and about 44 other smaller galaxies.
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O Indirect Information on Milky Way’s central Black Hole Sagittarius A*

Sagittarius A*: A radio signal was coming from a location at the center of the Milky Way, in
the direction of the constellation of Sagittarius was discovered on February 13 and 15,
1974. It is part of a larger astronomical feature known as Sagittarius A. Sagittarius A* is
thought to be the location of a supermassive black hole distant about 26,000 Ly.

|

2 ‘I,I'"IScnrnius: B

Sagittarius A

S2, also known as SO-2, is a star that is located close to the radio source Sagittarius
A*, orbiting it with an orbital period of 15.56 + 0.35 years. Its changing apparent
position has been monitored since 1995 by two groups (at UCLA and at the Max
Planck Institute for Extraterrestrial Physics). By 2008, S2 had been observed for one
complete orbit. The mass of S2 is estimated to be 15 solar masses
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= Keck Observatory and La Silla Observatory

Keck/UCLA
Galactic Center Group 1995-2012

S0-5 .

Keck/UCLA Galactic
Center Group

The black hole at the center of our
galaxy (Sagittarius A*, or Sag*) is
27,000 light years from Earth and 4
million times as massive as the Sun.

) 0:.01/035 & O[]
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Computation of far away Objects

= Use Keplerian model from S2 star observations

2 .
(U_Q_ﬂ):_ﬂ TZM 2 —(4—)&3 P _ h:?"pvp:-ra@a%?‘zf
2 r 2a 1+ ecos f L re = a(l+e)
= Computation of Sag A* mass: =  From observations:
P ~15.6 years
p=GMg,opmg, = GM g, g, y r 4+r
| r, =120 AU o= =960 AU ~1.44 x 10" Km
G =6.6262 x10 52Kg r oA 1800 AU
4 2 3
o~ ——— = 4x10° Suns = 7.292 x 10* Kg
2
GP
' 6 lm ¢ | Km
2 2 v, = T1x10°| | = 25 x10° | == = 2.4%]]
L R R L b — . . s
>+ 2 r 2 Pt = Tala m [ Km
" v ~4.7%x10° |—|=1.692 x 10° T} = 0.16%[0]
S

= S0-102 is a star that is located very close to the center of the Milky Way, orbiting it with an
orbital period of 11.5 years. As of 2012 it is the star with the shortest known period orbiting
the black hole. To get a sense of the enormity of the Milky Way’s black hole, consider that
Sedna orbits the Sun in about 11,700 years. Sagittarius A* pulls S0-102 through its orbit in only
11.5 years. S0-102 reaches over 1% the speed of light at periapsis.
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= S0-102 is a star that is
located very close to the
center of the Milky Way,
orbiting it with an
orbital period of 11.5
years. As of 2012 it is
the star with the
shortest known period
orbiting the black hole.
To get a sense of the
enormity of the Milky
Way'’s black hole,
consider that Sedna
orbits the Sun in about ;

Galactic Center

11,700 years. Sagittarius " Orbital Models and Inner Stellar Distributions
A* pulls SO-102 through data provided by
its orbitin onIy 11.5 Andrea (?hez ar.1d Sylvana Yelda, UCLA
years. S0-102 reaches and were obtained with the W. M. Keck Telescopes '
over 1% the speed of
light at periapsis.

This movie is copyrighted by the University of lllinois
and is available for academic and educational
purposes only. Credits integrated within the movie
are required for its use.
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Virgo Supercluster

The Virgo Supercluster (Virgo SC) or the Local
Supercluster (LSC or LS) is a mass concentration of
galaxies that contains the Virgo Cluster in addition
to the Local Group. At least 100 galaxy groups and
clusters are located within its diameter of 33
megaparsecs (110 Mly). It is one of millions of
superclusters in the observable universe.

The Virgo Cluster is a cluster of galaxies whose
center is 53.8 + 0.3 Mly away in the constellation
Virgo. It comprises approximately of 1300 member
galaxies,

_NGC 6744

=% NGC 2997

The Fornax Cluster is a cluster of galaxies lying at a
distance of 62 Mly. It is the second richest galaxy
cluster within 100 million light-years,

The Eridanus cluster contains about 73 galaxies
at a distance of about 70 Mly
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Solar System Solar Interstellar Neighborhood Milky Way Galaxy

Local Galactic Group Virgo Supercluster Local Superclusters Observable Universe
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The distance from Earth to the edge of the observable universe is about 14.26 gigaparsecs (46.5 billion light years or 4.40x1026 meters) in
any direction. The observable universe is thus a sphere with a diameter of about 28.5 gigaparsecs (93 Gly or 8.8x1026 m). Assuming that
space is roughly flat, this size corresponds to a volume of about 1.16x1055 Gpc3 (3.8x1055 Gly3 or 3.57x1080 m3).

The figures quoted above are distances now (in cosmological time), not distances at the time the light was emitted. For example, the
cosmic microwave background radiation that we see right now was emitted at the time of photon decoupling, estimated to have occurred
about 380,000 years after the Big Bang, which occurred around 13.8 billion years ago. This radiation was emitted by matter that has, in
the intervening time, mostly condensed into galaxies, and those galaxies are now calculated to be about 46 billion light-years from us.

The Great Attractor is a gravity
anomaly in intergalactic space within the
vicinity of the Hydra-Centaurus Supercluster at
the center of the Laniakea Supercluster that
reveals the existence of a localized
concentration of mass tens of thousands of
times more massive than the Milky Way. This
https://www.youtube.com/watch?v=0w40TD4L0GQ mass is observable by its effect on the motion
of galaxies and their associated clusters over a
region hundreds of millions of light-years
across. The Great Attractor is moving towards
the Shapley Supercluster. These galaxies are all
redshifted, in accordance with the Hubble Flow,
indicating that they are receding relative to us
and to each other, but the variations in their

https://www.youtube.com/watch?v=741sySs3RGU

https://www.youtube.com/watch?v=rENyyRwxpHo

ST EILE S redshift are sufficient to reveal the existence of
3.26156 Iy e . .
the anomaly. The variations in their redshifts
The first indications of a deviation from uniform expansion of the are known as peculiar velocities, and cover a
universe were reported in 1973 and again in 1978. The location of the range from about +700 km/s to =700 km/s,
Great Attractor was finally determined in 1986, and is situated at a depending on the angular deviation from the
distance of somewhere between 150 and 250 Mly from the Milky Way, direction to the Great Attractor.

in the direction of the constellations Triangulum Australis (The

@ Southern Triangle) and Norma (The Carpenter’s Square)

EI
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Tiziana Di Matteo

Protessor, Physics

DEUS : First-ever full observable re”

D
DEUS
EU

universe simulation

Size of our

d m.‘dowave backg,Ound Milky Way

o™

‘e
Position of most distant
" observed object (Z=10:3)

bluetides simulator

Here and _today_ -

? / ! : 0 billion

: % Sy b & years.ago
Most complete mapping ™ . . :
of observed universe ¢

Size of the observable universe : 90 billion light years

Dark Energy Universe Simulation - Full Universe Run 0/ \fiet
This simulation represents the concordance cosmological model (ACDM). 5% Visible Matter

@ It contains 550 billion particles, each of them has the mass of our Milky Way. 27% Dark Matter

http://www.deus-consortium.org/ 68% Dark Energy
(V]
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Drake equation explained by Carl Sagan

SIZES

Alfonso Gonzalez - Astrodynamics & SE Podcast




